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The national security need for Space Technology Leadership 

Space is a medium in which many military missions can be most effectively performed @ The U. S. arsenal of ballistic missiles —in 
being and forthcoming — the Air Force Thor, Atlas, Titan, and Minuteman, the Navy Polaris, and the Army Jupiter, are all designed 
to deter the outbreak of a nuclear World War III or to retaliate overwhelmingly if it should occur @ If our ballistic missiles are to 
realize their greatest potential in carrying out their dual task, they must be supported by a number of companion space systems 
for such missions as early warning, reconnaissance, communications, navigation, weather forecasting. Space Technology Labora- 
tories is proud of its contributions to the national space effort as a principal contractor in carrying out major programs for the Air 
Force Ballistic Missile Division, National Aeronautics and Space Administration, and Advanced Research Projects Agency @ The 
increasing scope of STL’s activity is opening up exceptional opportunities for the exceptional scientist and engineer, who will find 


creativity given encouragement and recognition in an organization synonymous with Space Technology Leadership. Resumes and 
inquiries will receive meticulous attention. 


SPACE TECHNOLOGY LABORATORIES, INC. p.0. 80x 95005€, os anGeLes 45, CALIFORNIA 


a subsidiary of Thompson Ramo Wooldridge Inc. 


Los Angeles * Santa Maria * Edwards Rocket Base * Cheyenne 5 / Cape Canaveral * Manchester, England * Singapore * Hawai’ 
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Said Gaspard de Coriolis: “A particle which is subject to no forces in a rotating coordinate 
system experiences a radial acceleration and a tangential acceleration.” 


It was around 1840 that Coriolis discovered what has since become known as the Coriolis Effect. He noticed objects above 
the earth tend to rotate relative to the earth’s rotation .. . to the right in the northern hemisphere, to the left in the southern. 

The Coriolis Effect is in force in outer space, too. If a space vehicle is rotated in order to establish artificial gravity, the 
necessarily short radius of the rotation causes a Coriolis force. This creates orientation problems for a human occupant, 
To eliminate this difficulty, a scientist at Lockheed Missiles and Space Division conceived the idea of connecting the vehicle 
to an auxiliary fuel tank by a half-mile-long cable. Thus, if the whole system is then rotated at a reduced speed around its 
center of mass gravity, the longer radius greatly minimizes the Coriolis force. Right now—on the drawing boards at Lockheed 
—is an enormously advanced space vehicle system which utilizes this concept, in addition to many others. 

Fortunately, natural laws are about the only restrictions which circumscribe scientists and engineers at Lockheed Missiles 
and Space Division. The climate in Sunnyvale and Palo Alto, on the San Francisco Peninsula, is close to perfection. The 
creative atmosphere—the opportunity to work on such important projects as the DISCOVERER, MIDAS and SAMOS satellites, the 
POLARIS FBM, or even more advanced concepts such as the space system cited above—is the dream of the creative engineer. 

Why not investigate future possibilities at Lockheed? Write Research and Development Staff, Dept. M-11A, 962 West El 
Camino Real, Sunnyvale, Calif. U.S. citizenship or existing Department of Defense industrial security clearance required. 


Lockheed / mssues AND SPACE DIVISION 


Systems Manager for the Navy POLARIS FBM; the Air Force AGENA Satellite in the DISCOVERER, MIDAS and SAMOS Programs 
SUNNYVALE, PALO ALTO, VAN NUYS, SANTA CRUZ, SANTA MARIA, CALIFORNIA 
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One of a series. 


Why we eliminated 
the earth’s magnetic field... almost 


In an isolated laboratory in southwestern Ohio, GM Research 
scientists have reduced the earth’s magnetic field to one 
ten-thousandth of its usual strength. This is about as weak as 


the interplanetary field detected by the Pioneer V solar satellite. 


Why neutralize the earth’s field? To perform with precision 

one of the more fundamental experiments in magnetism 

— measuring the Einstein-DeHaas effect. The measurement 

is simple in concept, experimentally difficult because of the 
tiny forces involved. It is made by suspending a ferromagnetic 
rod in a nearly field-free environment . . . magnetizing 

the rod . . . then measuring the effect (how much the rod 


rotates) when this known magnetization is reversed, 


The beauty of the experiment is that the resulting values 
can be related directly to the motions of electrons in the 

rod. The values indicate the large portion of magnetization due 
to the spin of electrons . . . and the slight, but theoretically 


important, remaining portion due to orbital motion of electrons. 


These measured values are helping scientists form a better 
understanding of the perplexing phenomenon — ferro- 
magnetism. Currently being pursued in cooperation with the 
Charles F. Kettering Foundation, this long-standing project 
is one of the ventures in basic research of the 


General Motors Research Laboratories. 


General Motors Research Laboratories 
Warren, Michigan 


Guyromagnetic Ratios Comparison of (a) gyromagnetic rat 
: T ? j measured in the new Kettering Magn 
Laboratory with (b) corresponding 
Cobalt 1.85 1.83 
Nickel : ferromagnetic resonance measuremen 
, oy 1.83 These ratios would equal 2 if magne 
Supermalloy 1.91 A 1.91 tion were due only to electron spin, 01 


if due only to orbital electron motion 


System of Helmholtz coils used to neutralize earth’s magnetic field. 
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} Spin, oF text pages). The publication of a greater number of top-quality articles each month is Aerospace 
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EDITORIAL 


The State of Affairs 


Excerpts from the Director's Progress Report to the IAS Council, November 1960 


A: the Council Meeting in July of 1958 IAS Presi- 
dent E. C. Wells suggested that the rapidly changing 
trends in aerospace technology made a restudy of the 
policies and the programs of the IAS essential. He 
appointed a Long Range Planning Committee of the 
Council to consider the overall situation and to come 
up with recommendations. 

“As a contribution to this exercise, on October 21, 
1958, the Director addressed a Report to the Council 
outlining plans for reorganization on a _ regional 
basis, the formalization of our Advisory Panels, 
and suggesting certain modifications in the make-up 
of the Council. 

“The Council discussed the Report and the pro- 
posal in detail at its October 28, 1958, Meeting and, 
after further consideration at the Meeting in 
January 1959, gave a general approval to the plan. 

“The Constitutional revisions were approved by 
the members in August 1959 and the necessary steps 
taken to make the changes legal under our New York 
State Charter. The revised program began to func- 
tion in January 1960 with the election of new mem- 
bers for the Council nominated under the new Con- 
stitutional provisions, and by the installation of three 
regional: Vice Presidents. The President also ap- 
pointed members of the new committees on Na- 
tional Meetings Policy, Long Range Planning, and 
Publications Policy. 

“On April 1, 1960, the Director submitted recom- 
mendations to the Council with respect to publica- 
tions programs, public relations, budgetary matters, 
and staff reorganization consistent with the au- 
thorized operational plan. 

“With respect to the preceding, we are presently 
in the midst of a number of rather far-reaching 
changes in practically all phases of IAS operations. 
Without going into detail, the status of the several 
projects referred to above is as follows: 


« Composition of the Council—As of the end of 1960 
the revision of Council membership is virtually com- 
pleted. The three regions have nominated the re- 
quired number of Council members to fill vacancies. 
It is felt that the desired pattern of broader repre- 
sentation by the membership at large has been ac- 
complished. 


e Regional Operations—Reports coming back from 
the field indicate that the assignment of ‘operating’ 
Vice Presidents in the three regions has provided a 
real ‘lift’ to all IAS activities across the country. 
The Regional Vice Presidents have given freely of 


their time and effort to IAS affairs, and the results 
are beginning to show. 

e Council Committees—Three new policy planning 
committees of the Council have already proved ex- 
tremely helpful. The National Meetings Policy 
Committee has agreed upon National Meeting pro- 
grams extending well into 1961. The Publications 
Policy Committee has already had a positive effect 
on the direction of IAS Publications programs. 

e Aerospace Technology Panels—During the summer 
of 1960, fifteen Aerospace Technology Panels were 
established and manned. The response to our invi- 
tations to serve on these permanent Panels was ex- 
cellent. We feel that we have a representative group 
of top scientific people taking a direct interest in IAS 
programs. At the present time, the total Panel 
Membership is of the order of 150. 

e Publications Program—As directed by the Council, 
the revised Publications Program is in the process of 
implementation. No change in format or in content 
is contemplated for the JOURNAL OF THE AEROSPACE 
SCIENCES. Its average editorial content has been 
stepped up from 64 to 80 pages per issue. Beginning 
with the October issue of AEROSPACE ENGINEERING, 
the IAS News Section was removed and published 
as a separate Newsletter. The space so released in 
the magazine has been used to step up the total 
number of technical articles. It was further recom- 
mended by the Committee that the Abstracts and 
Reviews be published separately on a subscription 
basis, and the technical coverage of the magazine ex- 
panded to fill this space also. Thanks to substantial 
financial support from the National Science Founda- 
tion and from the Air Force Office of Scientific Re- 
search, this has now been accomplished. Announce- 
ments of the new INTERNATIONAL AEROSPACE AB- 
STRACTS service were mailed in late November. 

e Name Change—The change in the title of the IAS 
approved by the Council was formalized in a special 
business meeting held in the New York office on 
October 26 and the necessary papers filed in Albany 
to legalize the change. All legal steps were com- 
pleted as of November 1, 1960. 

e Public Relations Audit—As a result of recommen- 
dations made by the Public Relations Committee of 
the Council, Mr. Herbert Harris has been retained 
to make this study. He started work on October 24, 
and it is anticipated that the survey will take six to 
eight weeks....A target date of January 10 has been 
set for the final report so that it can be circulated to 
the Council] prior to the January Meeting.”’ SPJ 
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Vehicle Design—vVibration Testing 


The Application of Impulsive Excitation to 
In-Flight Vibration Testing 


Complementing recent theoretical advances in aeroelasticity, a practical technique of 


impulsive in-flight vibration testing is now available for high-perfomance aircraft. 


Vaughn L. Beals, AFIAS, and Stanley R. Hurley, North American Aviation, Inc. 


| THE INCREASED emphasis on the aeroelastic 
design of high-performance vehicles, an increased de- 
pendence on experimental tools has developed. Al- 
though the reliability of analytical techniques of 
aeroelastic analysis has increased phenomenally in 
the last 5 years, the gap between the required ac 
curacy and that obtainable from available analytical 
tools has continually been widening. Even today, 
the tools for structural analyses are not completely 
satisfactory for the accurate prediction of the vibra- 
tion characteristics of the many complex structural 
configurations encountered by the practicing aero- 
elastician. Greatly improved aerodynamic theories 
are now available which allow reasonably accurate 
prediction of the aerodynamic forces present on os- 
cillating lifting surfaces. In the subsonic incompres- 
sible flight range (up to approximately 1/7 = 0.95), 
the Kernel function theory! as developed by NASA, 
offers a completely adequate unsteady aerodynamic 
theory. Recent studies completed by Gravitz® have 


The authors wish to express their appreciation for the con- 
tributions to this program made by the personnel of the Dy- 
namics Section, Flight Test, and Armament Section of NAA- 
Columbus which made the development of this technique 
possible. Some of the original ideas were suggested by Dr. 
W. R. Laidlaw under whose administrative direction the en- 
tire development program was conducted. The staff of 
Ordnance Engineering Associates, Inc., contributed significant- 
ly to this development program by meeting the stringent design 
requirements and delivery schedules established. 


Mr. Beals, Dynamics Engineering Chief, re- 
ceived his B.S. in aeronautical engineering in 
1948, and his M.S. in 1954; both from Mas- 
sachusetts Institute of Technology. He was a 
Flutter Research Engineer with Cornell Aero- 
nautical Laboratory for 4 years before he 
went to M.L.T.’s Aeroelasticity and Struc- 
tures Research Laboratory in 1952 as a Re- 
search Engineer. In 1955, he jained North 
American, Columbus Division, where he is 
responsible for aeroelasticity, acoustics, en- 
vironmental vibration, and static and dy- 
namic loads engineering. 


Mr. Hurley is a Senior Dynamics Engineer in 
the Columbus Division. After receiving his 
B.S. in aeronautical engineering from 
Rensselaer Polytechnic Institute in 1956, he 
joined North American as a Project En- 
gineer. In this capacity, he worked on the 
development of impulsive in-flight vibration 
testing techniques and their application to 
the A3J-1 program. In addition, he has 
conducted transonic and supersonic flutter 
model tests. 


led to the development of the quasi-unsteady theory 
which has given accuracy comparable to that ob- 
tained from the Kernel function theory for this flight 
regime for significantly less computational labor. At 
low supersonic speeds (1.1 < M < 2.0), the quasi- 
unsteady theory (required for 1.1 < M < 1.3) and 
quasi-steady theory,’ offer suitably accurate aero- 
dynamic theories. For high supersonic speeds (2.0 < 
M < 5.0), the Piston theory* gives the designer an 
adequate aerodynamic tool. Transonically, it is still 
necessary to measure the aerodynamic forces ex- 
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perimentally for an accurate determination of the 
aerodynamic forces. 

Prior to the availability of the more sophisticated 
structural and aerodynamic theories, the aeroelastic 
design engineer was forced to make extensive use of 
aeroelastic models in all speed ranges to supplement 
his theoretical analyses. Even with the latest tools 
available, continued use of aeroelastic models in se- 
lected flight regimes is required. With the intelli- 
gent application of the recent developments in the 
quasi-steady and quasi-unsteady aerodynamic theories 
the aeroelastician will find it possible to substitute 
static aerodynamic testing for flutter testing in many 
instances. 

Traditionally, and for good reason, the aeroelas- 
tician has used the ground vibration tests of the com- 
plete vehicle as his final check prior to first flight on 
the accuracy of his analytical and model programs. 
As the aeroelastician has become a more active 
participant in the actual design of flight vehicles, it 
has been necessary for him to design to very tight 
specifications, namely a 15 per cent margin of safety. 
Even with the best use of modern structural and 
aerodynamic theories, supplemented by model and 
full-scale ground tests, the designer cannot be certain 
that he has adequately considered all factors—e.g., 
structural and aerodynamic nonlinearities, aero- 
dynamic interference, wing wake effects on empen- 
nage, etc. Accordingly, the need for full-scale in- 
flight verification of the subcritical aeroelastic 
characteristics of the vehicle has become necessary. 
Although frequently referred to as flight flutter test- 
ing, this technique is more accurately described as 
in-flight vibration testing. It is the opinion of the 
authors that for any manned flight vehicle in which 
aeroelastic considerations have directly influenced the 
design, an in-flight vibration test program is an 
absolute necessity. 

Although an in-flight vibration test is a vital part 
of the design verification for high performance flight 
vehicles, it should not be considered a substitute for a 
thorough aeroelastic design program. It should be 
used only as a final verification of the predictions 
of a complete and thorough analytical and experi- 
mental program. It should never be used as a tool 
to explore flight regimes which have hitherto not 
been thoroughly explored analytically. A complete 
prediction of the in-flight structural frequencies and 
structural damping for each flight point should be 
available prior to flight. Any other use of an in- 
flight vibration test significantly increases the hazards 
involved in such a program. 

As described by Tolve,* many flight flutter tech- 
niques have been employed in this country and 
abroad. The earliest and still most frequently used 
technique utilizes sinusoidal excitation. This was 
the most obvious extrapolation of the familiar tech- 
niques employed for ground (Continued on page 34) 
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Propulsion Systems—Presenting Parametric Data 


Free Turbine Systems in 


Henry F. Hrubecky, University of Florida 


isi TWO-SHAFT free turbine engine, whose only con 
nection between the gas-producing section and the 
power turbine is the flow of hot gas, has been under 
going an intensive development in recent years. The 
best features of the free turbine system favor operat- 
ing conditions found in power plants for helicopter 
use. This has been the major application, although 
the future may find an extensive application to 
automotive vehicles and various aircraft. 

The scope of this paper considers four different 
power-plant systems incorporating a free turbine 
These are indicated in Fig. 1 as systems A, B, C, 
and D. For purposes of analysis and comparison, 
these systems are applied to rotary wing aircraft. 
The nature of the rotary wing system considered is 
one in which full power is supplied to the rotor for 
vertical flight. By means of a shutoff mechanism, 
the gas flow would be shunted to pass through the 
free turbine connected to the propeller for forward 
flight. During forward flight no power is supplied to 
the rotor which is autorotating. For sizing purposes, 
7,000 hp. was assumed to be transmitted to the rotor 
or the propellers. Studies indicate this would cor- 
respond to approximately a 40-passenger aircraft 
It is hoped that the results of this analysis may aid 
and serve as a guide to possible power-plant systems 
of the future, specifically, for rotary wing aircraft 


The author wishes to acknowledge the assistance of Pro- 
fessor Jacunski and his staff at the University of Florida 
in the preparation of the figures. Also the valuable sugges- 
tions of W. H. Sens and J. Conners of the United Aircraft 
Corp. in the study are appreciated. 


Aerospace Engineering ¢ January 1961 


Rotary Wing Aircraft 
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sultant to the Worthington Corp., Pratt & 
Whitney Aircraft, Boeing Airplane Co., and 
The Martin Co., and was at one time a 
member of the Office of Scientific Research and Development. A 
member of numerous scientific, professional, and honor societies, he has 
conducted investigations into the mechanics of fluids, jet and rocket 
propulsion systems, liquid atomization, boundary-layer behavior and 
its control, and the aerodynamics of high-speed flight. 


Symbols 
P, = total pressure, psia 
rT, = absolute temperature, deg. Rankine 
GC = compressor 
‘hs = turbine 
B = burner 
R = pressure ratio—for system A, R = P,,/P,,,; for 


system D, R = P,,/P,, 
1, 2, 3 = correspond to various sections in power plant 
W = weight rate of gas flow, lbs. per sec. 


Free Vs. Fixed Turbine 


In a helicopter performance and control study! 
comparing the fixed and free turbine power plants, 
the free turbine exhibited better fuel consumption 
when both were operated at the same fraction of the 
rated power. Furthermore, for the same design re- 
quirements of low tip-speed hovering flight and high 
tip-speed forward flight, the free turbine gave a 
lighter power plant because of its flat horsepower- 
shaft speed characteristic. 


| 
| 
| 
| 


A comparison of four different power-plant systems incorporating a free turbine, 


as applied to rotary wing aircraft. 


Considered were 


° ratio of free turbine shaft horsepower to primary gas flow rate 


e main compressor-turbine shaft horsepower 


e specific fuel consumption 


airflow ratio 


e duct pressure and temperature 


Opinions and studies differ as to the overall advan- 
tages of the free versus fixed turbine installations; 
some believe the advantages are equally divided,” * 
while others consider the free turbine as the most 
logical engine for helicopters.*° One thorough 
study concludes that the best all-around type of 
rotating output engine for airborne applications is 
the free turbine type with variable compressor 
stators.6 Without pursuing them in detail, some of 
the more significant advantages and disadvantages 
of the free turbine system will be briefly summarized, 
in addition to those previously listed: 

(1) Eliminates clutch, and, at starting, with the 


Fig. 1. Block diagrams for various gas-turbine systems utilizing a free 
turbine. 


r¢ 


conditions. 


stor braked, the engine can be run at ‘“‘no load” 
This eliminates the number and com- 


plexity of the controls otherwise necessary. 


(2) Offers flexibility at constant power with a 


variable rotor speed without danger of overheating. 


(3) Sudden increase in load does not tend to slow 


and stall the rotor, nor does sudden decrease in load 
cause overspeeding. 


(4) Possible to maintain high power output in 


hovering or in forward flight despite large variation 
in rotor speeds at these two conditions. 


(5) Marked decrease in vibrations. 
(6) Simplifies rotor drive and offers wider choice 


Fig. 2. Estimated performance curves for gas-turbine system A. 
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of shaft speed output, the flat power curve simpli- 
fies matching problem between rotor and engine 
This allows operation of the rotor at optimum ther- 
modynamic and aerodynamic efficiency. 

(7) On the other hand, the fixed single-shaft type 
of engine is basically a simpler design and offers 
advantages in maneuver and control. 

(8) A major disadvantage of the free turbine 
engine occurs in a time lag when requirements are 
made for a sudden increase in power at constant 
speed. This time lag is a handicap when instan- 
taneous response may be needed, such as during a 
landing approach. 


Results 


Results of the analysis based on continuity, 
momentum, and energy principles of the systems 
indicated in Fig. 1 are contained in Figs. 2 through 6 
These are based on the following component losses, 
efficiencies, and thermodynamic values; compressor 
polytropic efficiency, 88 per cent; turbine adiabatic 
efficiency, 88 per cent; duct and burner pressure 
losses, 3 and 5 per cent, respectively; burner effi- 
ciency, 98 per cent, fuel heating value, 18,500 
B.t.u. per lb.; turbine exit Mach number, 0.45; 
maximum cycle temperature 2,060 deg. Rankine 
Over the range of pressure ratios considered, 6 to 12, 
the efficiencies, of course, will vary. The above rep- 
resent mean values of those that might reasonably 
be expected. 


Ratio of Free Turbine Shaft Horsepower to Primary 
Gas Flow Rate 


This ratio gives an indication of the free turbine 


size needed to handle a certain gas flow. Systems 
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A and B, as indicated in Figs. 2a through 5a, appear 
to have a clear advantage, giving ratios 2'/. times 
or more than those of systems C and D. 


Main Compressor-Turbine Shaft Horsepower 


The compressor horsepower is based upon 7,000 
hp. supplied either to the rotor or to the propeller. 
This value, indicated in Figs. 2b through 5b, gives 
an indication of the power requirements of the main 
gas generator system and its consequent size. 
System A gives the lowest values at the higher pres- 
sure ratios R. 


Specific Fuel Consumption 


The rate of fuel consumption based on the free 
turbine shaft horsepower is similar for systems A, B, 
and C, as indicated in Figs. 2c through 5c. Sys- 
tems A and D exhibit the lowest values at the high- 
pressure ratio, R=12. System D is notably poorer 
at the lower pressure ratios. 


Airflow Ratio 


The airflow ratio indicates the relative sizing of 
inlets to the compressors, and hence of the com- 
pressors themselves in systems A and D as indicated 
in Figs. 2d and 5d. In system B (Figs. 1b and 3d), 
airflow ratio indicates the relative inlet areas to the 
free turbine burner and the gas-generating burner. 
In system C (Figs. le and 4d), it gives an indication 
of the size of the power plant itself. 


Duct Pressure and Temperature 


Systems A and B exhibit the highest pressures in 
the duct prior to entering the free turbine, system D 
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Fig. 4. Estimated performance curves for gas-turbine system C. 


the lowest, as indicated in Fig. 6. Therefore, sys- 180 | 
tems A and B will necessitate heavier gage construc- 170} 
tion in ducting leading to the free turbine than c fe | Skene a“ 
either system C or D. Consequently, higher duct w | 
weights will be required in the former systems than a |F 
() in the latter. On the other hand, systems A and B Fis} 
, indicate lower temperatures of the gases leading to wd ms 
i. the free turbine than systems C and D. In this in- ve ‘a 
stance, there will be a somewhat compensating fea- 
: ture, insofar as total duct weight is concerned, since aig 
* lower insulation weights will be needed in systems 213 ti 
A and B. 
Conclusions 
. - . 
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2 
3 tems analyzed would be to compare the general and 3 iI 2 
. 
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Thus duct weights will be lower, although system D Although considerably more complicated in the 
does present a somewhat more complicated design. overall system, system A offers within certain pres- 
™ System B is comparable in performance with sys- sure ratios a decided improvement in performance. 
D tem C, and, although it provides for lower duct tem- This can be seen from the specific fuel consumption 
curve, if attention is given to the ranges: 6<R<12 
and for 6<Pn/P2<8. Furthermore, there is a 
decided increase in free turbine shaft output for the 
ra same primary air supply. However, system A 
i uses, in effect, an entirely additional power plant 
3 than does system C, even though each in itself will 
+ 70 
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~ 60 | 
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z e . 
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Weapon System Analysis—Concepts and Techniques Described 


Analysis of Weapon Systems Effectiveness 


A description is given of some basic concepts and simplified procedures 


Typical analytical problems and limitations are noled, 


for determining the comparative effectiveness of weapon systems. 


and it is emphasized that the qualitative aspects must not be overlooked. 
It is concluded that operational analyses can have significant value in furnishing 
data, criteria, logical analyses, and recommendations for decision-makers. 


John G. Barmby, AFIAS, Institute for Defense Analyses 


a PURPOSE OF this paper is to describe and 
evaluate, for people not engaged in operational 
analysis work, some of the concepts and techniques 
of weapon system analysis. The analytical sequence 
typically follows this order: background study of the 
problems, choice of one or more criteria of effec- 
tiveness, establishment of a mathematical model, 
gathering parametric data, application of logical 
techniques to the model, search for solutions of the 
problem, recommendations, and evaluation of the 
results recommended. A prerequisite is the availa- 
bility of reasonable estimates of technical capability 
and operational environment. Thus an effectiveness 
analysis is inherently an assessment which normally 
follows the creative process of a technical feasibility 
proposal generated to fulfill a general objective. 


Criteria 


In considering the merits of one or more new 
systems, management is interested in knowing how 
these systems compare with other systems (relative 
effectiveness in performing the mission). The 
answer to the question requires the establishment of 
criteria to judge the effectiveness of comparative sys- 
tems and methods to determine the criteria 
It is desirable that the analysis be inclusive to con- 
sider military, economic, technical, political, and 
psychological aspects. Further, it would be valuable 
to have the analysis done entirely on a quantitative 
basis. 
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Unfortunately, it is difficult to assess all of 


these factors, particularly the latter two. For 
example, what is the value of a weapon system which 
is relatively cheap but requires an overseas base? 
Or, what is the value in the eyes of the world of win- 
ning the so-called space race? Consequently, anal- 
yses frequently are limited in scope and include 
considerable judgment. 

The qualitative factors may be the most important 
so they must not be overlooked. Typically, these 
include such things as program schedules, flexi- 
bility, mobility, installation problems, logistics and 
transportation, warning time, communication, deci- 
sion and command time, and estimated complica- 
tion to enemy offensive and/or defensive effort. 
Attention should be given to what is involved in the 
various factors and, if possible, to a determination of 
the ranges of value; often a fixed level cannot be 
determined. The investigation of one or more of 
th¢se items could be as lengthy as the solution to 
the entire quantitative analysis. 

In making a quantitative comparison, there are 
advantages to establishing some sort of cost-effec- 
tiveness index since cost is an effective common de- 
nominator, as well as an important consideration by 
itself. This may be in the form of the number of 
dollars to kill one target, or effectively the reciprocal, 
the number of targets killed per dollar or per million 
dollars. If costs cannot be obtained or if the sources 
are impugned, an abbreviated weapon index may be 
used. An example is the number of weapons re- 
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quired to kill the target. Alternatively, the number 
of sorties could be determined involving the trans- 
portation vehicle, such as the airplane. On occasion, 
time is an important factor so that a good criterion 
might be the number of intercepts or aircraft losses 
per strike or per day. 

It is necessary to be cautious in the choice of 
criteria because different answers can be obtained. 
An illustration of this is the choice of “hit or kill” 
probability. A salvo of small unguided weapons may 
have a high hit-probability, while one large guided 
weapon with a substantial warhead may have a 
higher kill-probability. The introduction of nuclear 
weapons has resulted in further complications in that 
kill may result not only from blast or thermal effects, 
but also from immediate or delayed radiation (fall- 
out effects). Because a determination of the effec- 
tiveness of weapons in a fall-out campaign is diffi- 
cult to make, a simplified approach may be to deter- 
mine simply the cost per kiloton of fission yield 
delivered. In cases where numerical values for the 
criteria cannot be established explicitly, a ranking 
technique may be employed—that is, the weapons 
may be tabulated in order of decreasing effectiveness 
but no comment made as to the magnitude of the 
difference between the systems. 

A large-scale analysis of various weapons systems 
can be complicated and lengthy. In this instance, 
the key problem may not be which weapon system 


is best. but how many of each? This involves an 


investigation of an optimum combination of weapons. 
As part of such a study, a force analysis may be 
made of all of our weapons, and this may require an, 
estimation of the ‘‘adequacy”’ of the overall level of 
planned production. It is important that the various 
weapon systems be employed in the same model in 
the same time era. One should beware of comparing 
the present capability of one weapon system with the 
expected performance of a new system which may 
not be introduced for 3 years. 


Models 


It is necessary to develop a methodology for com- 
paring the weapon systems. The resultant model 
may be considered to be the statement of the attack 
and defense environment, together with rules for 
operations. The model may be either analytical 
(expected value), numerical, or Monte Carlo (based 
on random numbers and usually employing a com- 
puting machine to execute simulation techniques). 
Consideration of large-scale, machine war games is 
beyond the scope of this paper; nevertheless, even 
for the simple concepts described here, it may be 
advantageous to employ a computer to investigate 
changes in many variables and, perhaps, iterate to 
determine maxima. Of course, it is necessary that 
the model and the criteria be compatible. 

Typically, the model will consider such things as 
deployment D, operability (in-commission rate) O, 
reliability RX, survivability S, penetrability P, kill 
K, and cost C. A rudimentary analysis may simply 
multiply the factors together and divide by the cost. 
Alternatively, the various factors may be put to- 
gether based on the formula 


where K is the overall kill probability, AK, is the 
single-shot kill probability, and m is the number of 
weapons delivered. If a level of kill is chosen— 
e.g., K = 90 per cent for a target or a family of 
similar targets—the remaining factors may be incor- 
porated and the above formula solved for to yield 
a weapon index W/: 


WI = — 1/[DORS log (1 — PK;)] 


In this expression, the term —1/log (1 — PK) 
{=1/log [1/(1 — PK,)]} is proportional to the 
number of weapons that must be successfully 
launched to achieve the chosen certainty of kill. The 
remaining factors bring in the relationship between 
the number of weapons originally bought and the 
number successfully launched. Finally, multiplying 
this weapon index by the cost per weapon C and 
taking the reciprocal, one may obtain a cost-effec- 
tiveness index CEI: 


DORS 1 


log - : (Continued on page 45) 
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Propulsion Systems— Waste Heat Disposal 


A New Type of 


THERMAL RADIATOR FOR SPACE VEHICLES 


Roger C. Weatherston and William E. Smith, MIAS 


Cornell Aeronautical Laboratory, Inc. 


Diiceteibnisnse ATTENTION has been directed toward 
the means of alleviating the problems associated 
with the disposal of waste heat from space power 
plants. In space, heat can be rejected only by 
radiation. Thus, it seems natural to think in terms 
of circulating a coolant fluid through the condenser 
or heat rejection part of the power-plant cycle and a 
radiator which consists of some array of tubes and 
headers. In some cases, the power-plant working 
fluid may pass directly through the radiator without 
employing another fluid and intermediate exchanger 
to accomplish the task of heat rejection. In any 
case, the tubes and headers must be sufficiently mas- 
sive to withstand a large percentage of the predicted 
number of meteoric impacts during the desired life- 
time of the system, which may be counted in years. 
It is usually found to be uneconomical to provide 
adequate tube wall thickness to withstand all 
meteoric impacts. Rather, valves are provided to 
seal off and, possibly, to repair tubes penetrated by 
the most energetic meteoroids. Still, the data on 
probable meteoroid energies and penetration depths 
are too uncertain to ensure that a given design is 
both reliable and economical. It is clear, at any 
rate, that consideration of the meteoroid problem will 
be reflected in massive radiators. Above the mw. 
power level, a conventional fluid-carrying radiator 
may weigh as much as the remainder of the power 
plant. A new type of thermal-capacity radiator, 
which is the subject of this paper, is simple in con- 
cept and promises to be reliable in operation because 


it is not endangered by meteoroids. Moreover, it 


This study was supported as part of the Internal Research 
Program at the Cornell Aeronautical Laboratory, Inc. 
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has marked weight advantages over conventional 
tube-and-header radiators. 

To introduce the subject of space heat rejection, 
one must consider first the basic concepts of the 
availability of energy set forth by Carnot. As 
always, the limiting efficiency of a heat engine can 
be prescribed in terms of the highest and lowest 
temperatures of the working fluid. The natural 
trend is to push the temperature at the turbine inlet 
to the limit permitted by material properties and to 
expand the working fluid until it approaches the 
low temperature of a naturally available cooling 
medium. For space applications, however, this is 


Electrically propelled space vehicles require radiating areas 

of about 1,000 sq.ft./mw. of power oulpul. A rotating belt radiator, 

operating on a heat capacity principle, is described 

which can supplant conventional tube-and-header designs 

to good advantage from a weight and meteoroid vulnerability viewpoint, 

especially al mw. power levels. Meteoroid impacts and high inertial loads do nol affect 
the belt radiator because no fluid is contained and the belt can be rolled 

or folded into a structurally integral package. The belt elements absorb heat 

from the power cycle through a heat-erchange mechanism and radiate it to space. 


Several heat-erchange mechanisms are promising, two of which are discussed here. 


h En- not the best approach; it is more important to con- - 
-part- serve the vehicle mass. With a prodigal source of A 
oa nuclear energy aboard, the temperature at which y= 
owing waste heat is rejected is adjusted to minimize the Vz ~\ 
mass of the total system, irrespective of the power ‘ 
ering cycle efficiency. If the weight of the radiator were 
. vend small compared to other power-plant components, be Ler \ 
gases, it would be wise to design for large radiators at low Sa ceee L \ 
— heat-rejection temperatures in order to maximize ae \ 
apter the cycle efficiency and to realize any corresponding FRO! A oF ga: 
advantages in reduction of component weights, if, ioe : \ 
indeed, any such advantages existed. However, it HEAT EXCHANGE \ 1 ’ 
has been found that, for power levels above a few a s\ 
mw., the conventional radiator is the heaviest single P\ 4: 
component. In such cases, then, considerations for a eee . 
' reducing the radiator weight are of paramount im- HEAT EXCHANGE s 
portance. 
It is axiomatic that minimization of the weight of 
d Fig. 1. Possible configuration of a capacity heat exchange system 
every power-plant com- (Continued on page 48) for a space radiator. 


Fig. 2. Apparatus for exchange of heat from working fluid to belt radiator by direct contact (with illustrative temperatures shown). 


ional 
INLET | TURBINE | WET VAPOR 
(2500° R) OUTLET 
tion, oa (1800°R) CONDENSATE PUMP 

the ELECTROMAGNETIC CONDENSATE PUMP viscous SELT 

inlet 7 
id to ‘ CONDENSATE CONDENSATE CONDENSATE CONDENSATE-FILLED 

OUTLET TO CHAMBER SPRAY NOZZLE CAVITY 
the RADIATION COOLED REACTOR (1800°R) 1440°R 
oling CONDENSATE 
1is is EVAPORATION CONDENSATE COOLED CHANNEL CONDENSATE CONDENSATE 
SEALS IMPELLER CHAMBER 


January 1961 Aerospace Engineering 17 


18 


Aerodynamics and Fluid Mechanics—Some Study Results Presented 


Optimization of Airfoils for Hypersonic Flight 


Coleman duP. Donaldson, AIAS, and K. Evan Gray, MIAS 


Aeronautical Research Associates of Princeton, Inc. 


t. THE PAST, aeronautical engineers have in general 
been concerned with the aerodynamic characteristics 
of wings and bodies for which the Reynolds numbers 
to be encountered in flight were of the order of mil- 
lions or tens of millions. Thus, in the classical aero- 
dynamic problems of finding optimum aerofoil and 
body shapes, it has been customary to neglect the 
local distribution of viscous forces and seek those 
shapes which yield the optimum distribution of pres- 
sure forces (see, for example, references 1-3). The 
very high aerodynamic heating rates which are en- 
countered upon hypersonic vehicles at low altitudes 
have forced the designer of such vehicles to consider 
flight at very great altitudes. In view of the fact 
that at very great altitudes the Reynolds number 
may no longer be of the order of millions, the viscous 
drag of hypersonic vehicles flying at large altitudes 
may be an appreciable percentage of their total drag. 
It would therefore seem desirable to examine in some 
detail the classical problems of aerodynamic shape 
optimization where consideration is given to both 
viscous and pressure forces. In what follows, a por- 
tion of the results of such a study carried out for the 
Grumman Aircraft Engineering Corporation is pre- 
sented. The problem treated is that of the shape of 
a two-dimensional, sharp, hypersonic airfoil having 
minimum drag for a specified lift when both pressure 
and viscous forces are considered. 

The paper is divided into essentially three parts. 
In the first part, an expression for the local skin fric- 
tion is derived which, when added to the usual ex- 
pression for the local pressure drag, allows the ex- 
pression for the total drag to be cast into a form 
suitable for treatment by standard methods of the 
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calculus of variations. The second portion of the 
paper discusses the solution of the drag minimization 
problem formulated in the first section. <A third por- 


tion offers a general discussion and recommendations. 


(1) Expression for Total Drag 


Boundary-Layer Momentum Equation 


In order to obtain an expression for the local vis- 
cous contribution to the total drag of an airfoil, it is 
necessary to compute the growth of the boundary 
layer as it passes over the surface of the airfoil. This 
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flight is possible only at very high altitudes. In general, the greater the Mach number, the greater the altitude re- 


Because of the extreme aerodynamic heating rates that exist for hypersonic flight at low altitudes, steady hypersonic 


quired. Thus, the greater the hypersonic Mach number, the lower the flight Reynolds number. For high L/D. 
vehicles, this requirement of low-flight Reynolds number means that the viscous drag may become an important fraction 
of the total drag of the vehicle. In the past, theoretical approaches to the design high L/D supersonic vehicles have 
needed to consider only the pressure drag in finding the shape of a body having a minimum drag for a given lift. In 
view of the possibility of the viscous drag becoming a more important fraction of the total drag for some hypersonic 
configurations, the present paper attacks the problem of the body shape required for minimum drag when both viscous 
and pressure drag are considered. However, only the two-dimensional problem is considered. 


In the first portion of the paper, the Karman momentum integral for boundary-layer growth is cast into a form which 
permils an expression for the local skin friction al a particular point on a body to be derived in terms of an integral 
which depends on the distribution of body shape up to that point. This expression for the local viscous drag is then 
combined with the usual expression for the local pressure drag so that in the case of two-dimensional flow, by a suitable 
transformation of variables, the expression for the total drag of the body can be put into an integral form which may be 
trealed by classical methods of the calculus of variations. 


The second portion of the paper deals with a discussion of solutions to the minimization problem posed above subject 
lo the constraint of fixed lift. Several interesting general conclusions may be drawn concerning the way in which lift 
must be distributed on a body for optimum drag when the Reynolds number is such that viscous drag is an appreciable 
fraction of the total drag. 


growth may in general be found by integrating the pRT = p = p, = p.RT. (4) 
Karman momentum equation. For our purpose— ' 

and 7’ = 7, Tf — T, te) — 
that is, for the growth of the boundary layer on a two- ot uw) (u/ Me) 
dimensional airfoil—the Karm4n momentum equa- (Zé — Te)(u/ue)* (5) 


tion may be written as Here p and 7 are, as usual, pressure and temperature, 


dbus \ dite da, subscript w denotes surface conditions, and super- 
script 0 refers to stagnation conditions. In regard 
ds Ue ds p. ds Pelt,” : 
to the velocity distribution in the boundary layer 
where the variable s is measured along the surface of which must be used in Eq. (2) and (3), we are 
the airfoil in the flow direction, p and wu are the fluid actually permitted a fair degree of latitude. In view 
density and velocity, 7, is the local wall shear, and of the assumption that the pressure gradient in the 
the subscript e denotes conditions at the edge of the stream direction is small, we may reasonably assume 
boundary layer. The quantities 6, and 6x are the that the boundary-layer profile u/u, = f(n/6) is 
boundary-layer displacement and momentum thick- fixed. The choice of this function is in our case some- 
nesses, respectively—namely, what arbitrary because it had been found in the past 
as ‘ that, insofar as evaluating the local skin friction at a 
0 Pelle 6 
1 pu u n Fig. 1. Behavior of the wall temperature parameter « 
and bux = 6 Boas Co — (3) as a function of the wall to stagnation temperature ratio. 
0 Pelle te 6 


Here 7 is measured normal to the airfoil surface, and 
6 is the total boundary-layer thickness. 

In order to integrate Eq. (1), it is necessary to 
evaluate the integrals given in Eqs. (2) and (3). 
This in turn requires a knowledge of the boundary- 
layer velocity and density profiles. In regard to the 
density profiles, it will be assumed that (a) the pres- 
sure gradient in the flow direction 0f/0s is small, (b) 
the Prandtl number is unity, (c) the medium is an 
ideal gas obeying the perfect gas law, and (d) that the 
usual boundary-layer assumption of constancy of 
pressure through the boundary layer holds. These 
assumptions permit us to write: 
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Fig. 2. Simplified optimization problem considered. 


point is concerned, rather unimportant variations 
are found by changing the function /(7/6). Thus, 
for simplicity in what follows, we choose a straight- 
line profile-namely, 


u/u,e = n/6 (6 


Use of Eqs. (4), (5), and (6) permit us to write the 
density distribution in the boundary layer as 


p (= n (= | 
(7) 


or in terms of the local Mach number 1/, 

= 1 ——_ — 
( bi 2 T. ); 


— 1 2 l 
2 6 


If Eqs. (6) and (7a) are substituted into Eqs. (2 
and (3), it can be seen that 6,/6 and 64/6 are func- 
tions of 7,,/7,, M,, and y, which in turn are known 
functions of s depending on the body shape. 

We may also use Eq. (6) to write the right-hand 
side of Eq. (1) as 


Tw (OY) w Mw( Ue; 6) Mw 


9 9 
Pelle” Pelle” Pelle 


In view of Eq. (8), Eq. (1) may be rewritten as 


1bx%? 6 2 du, 2 dp, 
pe ds 


ds Ue ds 
—({—) 
Pelle 6 


Eq. (9) may be integrated explicitly to find the 
momentum thickness on a given body shape. How- 
ever, the resulting expression is rather complicated 
because of the dependence of the terms 6%/5x and 
dx«/5 on s. Fortunately, for hypersonic flows, Eq. 
(9) may be put into a particularly simple form. 


Hypersonic Momentum Equation 


If for the case of hypersonic flow, we assume that 
T./T <1 and that the surface of the wing is suf- 
ficiently cooled so that we may neglect 7,,/7.° in 
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comparison with unity, then we may write 
P/Pe = (T/T?) + (n/8) — (10) 


Inserting this result into Eqs. (2) and (3) and using 
Kq. (6), one obtains 


* 


1 Ox x 1 iv 
al = = 
inc 5 n ( 


(12) 
In general, the quantity a = (7,,/T.°) In (7°/7,) 
will be, for our purposes, a small quantity. The be- 
havior of @ as a function of 7,,/7 is plotted in 
Fig: 1. 
Using the above results, the factor (2 + 6x /dx«) 
in Eq. (9) can be written 
5x 1 
Ox x (1 


T? 
(13) 
(1 


The remaining part of this term from Eq. (9) is 
(2/u.)(du,/ds), which may be transformed in the 


following manner. Since 
Cpl 2 = Cole + (1/2)u,2 = (1/2)u,? (14) 
and cplT, = —udu, (15) 


we have (2/u,)(du,/ds) —(1/T,°)(dT,/ds) (16) 


Using Eqs. (13) and (16), we have 


bx \ 2 du, 1 
2+ = — (17) 
ds (l1— a) T, ds 
With this result, the Karman momentum equation 


Eq. (9)—becomes for hypersonic flow 


15%? 2 dp, l 

ds p. ds (1 —a)T, ds 
=—— @) (38) 
pete 1° 


If the wall temperature is assumed constant so that 
a and thus also y,, are independent of s, then Eq. (18) 
may be integrated explicitly to obtain 


2(1 — s pls 
p71 0 


Here we have assumed a sharp body so that the 


initial boundary-layer thickness is zero. The local 
wall shear 7, may now be found; using Eqs. (8), 
(12), and (19), one obtains 


1/2 
(y — 1) T, 


pds —(1/2 
u 
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If we make Eq. (20) nondimensional by dividing r,, 
by p.V.." (where the subscript © refers to undis- 
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(20) 


§ Tw 


ndis- 


turbed free-stream conditions) and if we note that 
for sharp bodies at hypersonic speeds vu, ~ V., we 
obtain 


Tw — @) ) ( ) (2) x 
poVa* (y — 1) 
—1/(1-—a) 41/2 s/c —1/(1—a) 
0 Pw 


when the variable s has been made nondimensional 
by means of the chord length c. 

Up to this point, our analysis has been quite gen- 
eral. In order now to demonstrate how Eq. (21) 
may be used in a variational analysis for the shape 
giving minimum drag for a given lift, it is necessary 
to relate the terms p,/p. and 7°',/7... in Eq. (21) to 
the local surface slope of the body under considera- 
tion. A number of assumptions have been made re- 
lating the local pressures and temperatures to the 
local body slope and the resulting optimum airfoils 
derived. For the purposes of this paper, the assump- 
tions we shall use to demonstrate the method are as 
follows: (a) the flow is isentropic outside the bound- 
ary layer, (b) the Newtonian pressure formula holds, 
and (c) the local airfoil surface inclination relative 
to the free stream @ is everywhere small so that sin 
6 ~ @ and cos = 1. 
may write 


With these assumptions we 


(y-1) 


Substituting Eqs. (22) and (23) into Eq. (21) re- 
sults in 


Tw EE a) Me 


1/2 
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| f (62 d (°)| (24) 


Noting that under the assumptions made d(s/c) ~ 
d(x/c) and (the component of the viscous 
force in the free-stream direction), and defining 


1— {(y — 1)/[vQ — 


we may write the local frictional drag as 


and = 


x/¢ — (1/2) 
— m)Rew (02 + (25) 
0 Cc 


Final Drag Expression 


With the aid of Eq. (25), the total drag of one sur- 
face of an airfoil may, in terms of the drag co- 
efficient, be written 


= \9 x 
Cp = 2 Bad d (*) (26) 


¥ Pelt ( Using the previous assumptions as to local pressure, 
and Pe/ Po = (poV.?/po)(O? + €) (23) together with Eq. (25), the drag coefficient becomes 
where € = p./p.V.? = 1/yM..” is a small quantity. (Continued on page 59) 
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Vehicle Design—On Performance and Cost 


V/STOL Cargo Airplane Characteristics 


Are the military and commercial transport capabilities of the helicopter 


likely to be surpassed in the near future 


by different VTOL designs? 


W. C. J. Garrard, MIAS, Lockheed Aircraft Corporation 


Masy STUDIES and investigations of VTOL air- 
planes have been made in the last decade and a 
considerable number of prototypes have been built 
and tested. A wide range of propulsion systems 
have been proposed and studied covering the disc 
loading range from rotors to turbojet engines. In 
spite of this activity the only VTOL aircraft in 
military and commercial service is the helicopter. 
It is probable that the next VTOL design to enter 
service will be the unloaded rotor convertiplane 
which is a close relative of the helicopter. 

This study is a partial exploration of the VTOL 
field with the primary object of investigating whether 
the military and commercial transport capabilities 
of the helicopter are likely to be surpassed in the 
near future by different VTOL designs. The study 


Table 1. Propulsion Systems—Static Sea Level Standard 
Day Characteristics 


Dise Loading Specific Thrust Specific Fuel 


Consumption 

System Exit Aree Bere Sys. Wt. 1b. 
Rotor 1b./sq.ft. 

Mechenical Drive 2.5-7.5 3-5 0.03-0.06 

Pressure Jet Tip Drive 2.5-6 5-6 0.13-0.20 
Turbdoprop 50-70 6-9 0.1-0.2 
Lift Fen 

Mechanical Drive 250-700 4-6 0.15-0.4 

Gas Drive 250-700 5-7 0.2-0.45 
Jet Engine with Ejector 300-500 4.5-7 0.65-0 
Bypass Jet Fngine 1000-2000 4-7 0.55-0.75 
Jet Engine 3000-3500 4-8 0.8-1.2 
Lift Jet 3000 10-15 1.2-1.4 
Lift Bypass Jet 800 10-15 0.6-0.8 
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is confined to the performance capabilities and cost 
of medium-size, unpressurized, low subsonic speed, 
cargo, or passenger carrying vehicles. Special 
purpose, high subsonic or supersonic, and small 
VTOL vehicles are not included. For comparative 
purposes STOL airplanes are included in the analy- 
sis. The developmental problems associated with 
the actual manufacture of the different configurations 
and qualitative factors such as ground blast effects 
and noise are not discussed. 


Propulsion Systems for Vertical Take-Off and 
Landing 


The relative merit of VTOL designs depends upon 
the efficiency during cruise as well as during hover. 
The characteristics of the available propulsion sys- 
tems and fixed and rotating wings for cruise are weli 
known and are not discussed separately here. It is 
of interest to examine the available hovering pro- 
pulsion systems to determine their relative per- 
formance. 

The fundamental variable which determines the 
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efficiency of a lifting system is the disc loading. 
The rotor provides the lowest available disc loading 
and, when mechanically driven by a reciprocating 
engine or a gas turbine, provides the lowest specific 
fuel consumption in terms of pounds of fuel per 
pound of thrust per hour. The rotor and its drive 
system is large and heavy so that the thrust/weight 


ROTOR MECHANICALLY DRIVEN BY 
TURBOSHAFT ENGINE | 


WEIGHT OF LIFT SYSTEM + FUEL + STATIC THRUST 


ratio is relatively low. The use of pressure jets at 
. HOVER TIME - MINUTES 
the rotor tips, supplied with air from a compressor asin: well 
ig. 1. ropulsion systems—syst wei 
driven by a gas turbine, increases the thrust to 


hover time. 


weight ratio at the expense of an increase in the 
specific fuel consumption. 

As the disc loading is increased the reduced effi- 
ciency results in an increase in the specific fuel con- 
sumption. The smaller size, however, results in a 
slight increase in the thrust/weight ratio. Table 
1 shows the static thrust/weight ratio and specific 
fuel consumption of a number of representative 
propulsion systems covering the present practical 
range of disc loading. The characteristics shown 
are believed to represent the range of possible values 
attainable in production systems within the next 
five years. The specific fuel consumption varies 4 
approximately as the square root of the disc loading. 


The thrust/weight ratio increases slightly as the 
Fig.§2. Tilt-wing configuration. 
disc loading is increased, except for the specialized 
’ lift jet or bypass jet engines which show approxi- 
mately twice the value of the other systems. This 
is possible because of the single design point of these TEE WEE * 
° TAKE-OFF TRANSITION 
engines and the lack of an accessory drive system. ONE PROPELLER OR GEARBOX FAILURE 
In this context a bypass engine is distinguished by 100 ai ——— 
the fact that a portion of the flow does not pass | 
EXTREME CAUTION 
eae through the gas generator. The turbofan, ducted ZONE | 
fan, and aft fan designs are examples of bypass en- | 
gines. a SAFE FLIGHT ZONE 
~ 
Fig. 1 shows, for a number of propulsion systems, 1 
cost the variation with hover time of the total weight of & 
w 
eed, the bare system plus the fuel (Continued on page 62) aie , ee 
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mall | 
tive Table 2. VTOL Configurations 120 
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. ith Lift System Propulsion Fig. 3. Tilt-wing VTOL aircraft—caution zones. 
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Aerodynamics and Fluid Mechanics—A Successful Technique 


“The hydrogen-bubble technique is a rewarding and versatile method of visualizing most 


incompressible-flow patterns... .and lests are relatively inexpensive.” 


Flow Visualization by Electrolysis of Water 


Darwin W. Clutter, MIAS, and A. M. O. Smith, AFIAS 


Douglas Aircraft Company, Inc., Ei Segundo Division 


bys MANY PROBLEMS Of fluid mechanics and in the 
teaching of fluid mechanics, there are great needs for 
visualizing flows in and about bodies. Many of 
these needs were pointed out in the recent article on 
flow visualization by Lippisch,' examples of which 
are the studies of separated flows, interference be- 
tween bodies, duct flows, disturbances in boundary 
layers, and the like. 

The present paper describes a visualization tech- 
nique that has been found to be highly successful at 
the Douglas Aircraft Company. It consists of using 
the common electrolysis of water to produce small 
gas bubbles that act as tracers. Because the ap 
paratus is simple, it can be used readily in tanks, 
water tunnels, models of flow machinery, valves, etc. 
Since the motive source is electricity, the method 
has the great versatility of electrical systems. 

The essential idea for the technique comes from 
Raspet and Geller,? who in turn were stimulated by 
the work of F. X. Wortmann with tellurium. Geller 
developed the technique and studied the flow in a 
duct at small Reynolds number, using an 0.001-in. 
dia. wire placed in the flow as the cathode in the 
electrolytic process. The anode was placed in the 
duct so as not to interfere with the flow. The 
electrolytic process produced hydrogen at the cath- 
ode and oxygen at the anode. Hydrogen bubbles 
rather than oxygen were selected as tracers since 
volumetrically twice as much hydrogen is formed as 
oxygen in the electrolysis of water. Geller used the 
technique of pulsing the voltage to the wire to give 
rows of hydrogen bubbles that assumed the shape of 
the velocity profile in the duct, and he was successful 
in obtaining photographs of these velocity profiles. 
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dynamic and preliminary design problems. Since about 1950 his work 
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1958 he received Douglas Aircraft's Engineering Achievement Award. 


The Towing Tank 


While the technique need not necessarily be used 
in a towing tank, most of the work at Douglas was 
done in one. Therefore it is pertinent to describe 
the tank, the lighting procedures, etc., before pro- 
ceeding to the hydrogen bubble method in detail. 

The towing tank is 16 ft. long and 2 ft. wide, and 
the water can be as much as 14 in. deep. The center 
section of the tank bottom is heavy plate glass; 
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/> ALUMINUM SIDES 


CLEAR LUCITE TOBOGGAN 
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24 
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CARRIAGE DRIVE DRIVE CABLE \RRIAGE 
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WINDOW ON BOTH SIDES WAVE SUPPRESSOR 
PUMP 


Fig. 1. The towing tank (all dimensions are in inches). 


windows of similar glass are located on each side of 
the tank near the end of the model run. A sketch 
and photograph of the tank are shown in Figs. 1 
and 2, respectively, and further details of the tank 
and its facilities are given in reference 3. The water 
is obtained from the regular plant supply system, 
but it is filtered through an ordinary canvas filter. 
The test model and camera are attached to a rubber- 
tired carriage (Fig. 2). The side plates of the tank 
serve as tracks and guides for the carriage, which is 
towed with a cable attached to a winch driven by a 
synchronous 1/4-hp. electric motor through an ad- 
justable gear train providing speeds from 1/16 to 
8 ft./sec. These velocities correspond to a range of 
Reynolds numbers per foot from 5.8 X 10% to 7.4 X 
10° for a water temperature of 68°F. 

Blowing, suction, or duct flow on a model can be 
simulated by moving the water with a pump whose 
capacity is 40 gals./min. High turbulence can be 
generated by attaching a grid to the front of the 
carriage so that the grid precedes the model through 
the water. The grid consists of 1/8-in.-dia. vertical 
rods spaced 3/8 in. on centers (Fig. 2). 

When the carriage speed is greater than about 1 
ft./sec., capillary waves are formed where the model 
or strut penetrates the water surface. The waves 
interfere with photography of the flow from above 
the surface. When the model is submerged, the 
formation of the waves can be prevented by using a 
transparent plastic toboggan which is attached to, 
and rides with, the carriage so that its lower surface 
is approximately 1/16 in. below the water surface. 
In wind-tunnel parlance, it provides a closed test 
section. Photographs can be taken of any flow 


process beneath the toboggan without interference 
from surface waves. Still or movie cameras can be 
mounted on the carriage on which the models are 
also mounted, or the cameras may be mounted sta- 
tionary at any position about the tank. 

The most successful lighting for photographing 
tracer particles beneath the water surface is a thin 
slit of intense light that illuminates only the region 
of interest. The light source consists of four General 
Electric ultra-high-pressure mercury-vapor 1,000- 


Fig. 2. Starting end of the towing tank showing the carriage. 
Grid for generating turbulence is also shown. 
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watt A-H-6 water-cooled lamps used in conjunction 
with achromatic lenses. With this light source, the 
tracer particles can be photographed at shutter speeds 
down to 1/400 sec. (ASA 200 film f/5.6 aperture). 
Other methods of lighting, using photofloods, elec 
tronic flash units, or back lighting, are required for 
particular visualization problems. For further details 
of the towing tank and apparatus used, see ref. 3. 


Hydrogen-Bubble Method 


Numerous techniques have been used for flow 
visualization in the towing tank—for example, the 
old technique of sprinkling aluminum powder on the 
surface, the suspension of tracer particles such as 
aluminum powder throughout the liquid, dyes, and 
the tellurium method. Of all the techniques tried, 
that of using the electrolysis of water proved to be 
the most rewarding and versatile for the visualization 
of both two- and three-dimensional flows. Here- 
after this technique will be called the hydrogen- 
bubble technique. 

Considerable time and effort were spent in de- 
veloping a method of producing continuous stream 
lines by this technique. If a straight wire that acts 
as the cathode is towed through the water with a 
continuous voltage applied to the wire, a plane of 
bubbles is produced. It is difficult to identify the 


Fig. 3. The “kinked” wire used in producing hydrogen-bubble 
streamers (wire is 0.005 in. in diameter). 


Fig. 4. Hydrogen-bubble streamers from the “kinked” wire in an 
undisturbed flow (velocity = 1/2 ft./sec.). 
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Fig. 5. Velocity profiles at aft end of body of revolution. (Body 
of revolution had fineness ratio of approximately 10; length, 4.1 ft.; 
velocity = 1/2 ft./sec.; chord Reynolds number = 205,000.) 


path of a single particle in the plane of bubbles. As 
a remedy, first an insulated wire was used, on which 
the insulation had been removed about every 1/4 
in. Hydrogen bubbles were of course produced only 
at points where the insulation had been removed, 
and individual streamers of the hydrogen bubbles 
were thus produced. Whereas this method was 
successful in giving individual streamers, a quicker 
and more successful method was found by accident. 
It was found that if a noninsulated wire had sharp 
bends or “‘kinks,’’ the hydrogen bubbles were concen- 
trated at the sharp corners of the bends that were 
pointed downstream. A kinked cathode wire then 
was made. The kinks had about 1/8 in. pitch, and 
the kinking was done very simply by rolling the wire 
through a pair of old gears. A photograph of a 
kinked wire thus produced is shown in Fig. 3, and 
the hydrogen filaments produced by it are shown in 
Fig. 4. The hydrogen gas was produced along the 
entire length of the wire but was swept back along 
the wire so that it concentrated at the aft apexes of 
the ‘‘kinks,’’ as shown in the figure. There is a slight 
time delay in the formation of the bubbles at the wire 
because the released hydrogen must gather into 
small bubbles, which then are carried away from the 
wire by shear and pressure forces. The thicker the 
layer, the larger the size of the bubbles but the fewer 
their number. The thickness of the layer is pro- 
portional to the current. Increasing the speed at 
which the wire is towed through the water decreases 
the size of the bubbles produced. 

The type of wire that proved most successful for 
producing the filaments of hydrogen was 0.005-in.- 
dia. steel piano wire. The diameter of the cathode 
wire should be small so that it does not disturb the 
flow—that is, the wire Reynolds number should be 
less than 40 or so, to avoid production of vortices. 
The rate of hydrogen generation at the cathode is of 
course directly proportional to the current and is 


| 


Fig. 6. Velocity profiles produced by the 60-cycle a.c. current at 
the exit of a straight-wall duct (90 volts, 120 pulses/sec., velocity = 
ft./sec.). 


easily controlled by the voltage supplied between the 
anode and cathode. In the towing tank using the 
(.005-in.-dia. kinked wire, the best filaments were 
obtained when the current was 0.5 to 1.0 amp. per 
ft. of exposed wire. This current required a voltage 
from 15 to 25 volts d.c., varying with the experi- 
mental setup. The water in the tank was taken 
directly from the plant supply with no chemicals 
added. Tests were made to see whether lowering the 
water resistance by adding common salt would 
produce better filaments, but no improvement was 
found. 

Buoyancy causes the hydrogen bubbles to rise. 
The rate of rise is dependent on the size of the 
bubbles, which in turn is dependent on the current 
between the anode and the cathode. For the fila- 
ments shown in this paper, the rise due to buoyancy 
was about 0.05 to 0.06 in./sec. This rise gave no 
serious distortion to the streamlines in the flow pat- 
terns shown, for the speeds were between 1/2 and 
2 ft./sec. For optimum filaments the diameter of 
the individual hydrogen bubbles appeared to be 
from 0.005 to 0.010 in. 

No investigation was made to determine how ac- 
curately the path of a hydrogen bubble represents 
the path of the fluid surrounding it, but such an in- 
vestigation has been made by Roberson‘ for par- 
ticles of various densities.* His analysis shows that 
if the change in direction of flow of the actual fluid 
is fairly gentle, the particles will follow the path of 
the fluid regardless of density; but if the change is 
large, the particles may deviate greatly from the 


* Since completion of the present paper, another investiga- 
tion of the hydrogen-bubble technique has come to the atten- 
tion of the authors— Velocity Measurements in Thin Boundary 
Layers, by S. J. Lukasick and C. E. Grosch, available as Tech. 
Memo. 122, Davidson Laboratory, Stevens Institute of 
Technology, October, 1959. It contains considerable addi- 
tional information on the question of accuracy. 


path of the fluid if their density is much different 
from that of the fluid, as is the case for hydrogen 
bubbles in water. Since in many flow problems the 
change in direction of flow may be quite large (90 
deg. at stagnation points), the hydrogen bubble may 
deviate widely from the actual fluid streamline. 
No attempt was made to determine the amount of 
this deviation in the examples shown in this paper. 

The lighting that gave the clearest photographs 
of the hydrogen-bubble filaments was the mercury- 
vapor light source described above. The source was 
adjusted to give a plane 1/2- to 3/4-in. thick. Al- 
though the hydrogen bubbles could be observed 
by ordinary tungsten flood lights, the plane of light 
gave the clearer photographs because background 
lighting was less. This background lighting was 
principally due to foreign matter suspended through- 
out the water, most of it consisting of hydrogen 
bubbles produced in previous runs. 

Whereas the velocity distribution over a body or 
in a duct can be determined by measuring the dis- 
tances between the stream- (Continued on page 74) 


Fig. Za. Flow lines about the F5D model. Side view, cathode wire at 
centerline of model (a = 0°, velocity = 1/2 ft./sec.). 


Fig. 7b. Flow lines about the F5D model. Plan view, cathode wire 
lying on bottom of fuselage ahead of inlet (a = 25° velocity = 
ft./sec.). 
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150° 120° 


Fig. 1. Effects of launching azimuth on orbital parameters. 


aia the term ‘‘24-hour orbit’’ is used to indicate 
a circular, equatorial orbit which has a period of 
one sidereal day and the same rotational sense as 
that of the earth. A vehicle placed into such an 
orbit would be “‘earth-fixed’’—that is, the vehicle 
would appear stationary to an observer on the earth. 

The problem of obtaining a 24-hour orbit is in 
effect a rendezvous problem, if one assumes that 
a particular longitude is desired for the earth-fixed 
point. This is because in a space-fixed reference, the 
locus of the desired longitude in the 24-hour orbit 
would correspond exactly to the path of a vehicle 
already in the orbit. 

This paper investigates some possible schemes for 
obtaining a 24-hour orbit from a nonequatorial 
launch site, specifically, Cape Canaveral, Fla. It 
will be attempted to arrive at schemes which are 
general and applicable to any desired longitude for 
the earth-fixed point in the 24-hour orbit. The 
scheme should be as economical as possible, pro- 
pellant-wise, and the involved flight times should 
be kept to a minimum at points of the scheme 
in which accuracy and accuracy of guidance equip- 
ment with time are critical. 

Following an analysis of a simpler problem, 
presented in the way of an introduction, three 
distinct schemes will be developed, each evolving 
as a correction to the undesirable features of its 
predecessor. 

In the simpler problem, it is attempted to 
introduce some of the basic assumptions and concepts 
necessary for an efficient approach to the more 
complete problem. 
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Space‘ Physics—Related to Aerospace Problems 


Injection Schemes for 


Rudolf F. Hoelker and Robert Silber 


George C. Marshall Space Flight Center, NASA 


Dr. Hoelker is Deputy Director of the Aero- 
ballistics Division of NASA's George C. 
Marshall Space Flight Center. He obtained 
his Ph.D. in mathematics from the University 
of Muenster in Germany in 1942. From 
1940 until 1945, he conducted research 
and development work on guidance and 
control systems in Peenemuende. From 1945 
to 1950, he continued this work at Fort 
Bliss, Tex., under contract to the U.S. Army. 
In his present position, Dr. Hoelker is 
responsible for flight-mechanics and guidance 
theory of Saturn-connected flight missions, 
as well as for control problems of new space-vehicle systems. He was 
awarded the Astronautics Engineer Achievement Award in May, 1959. 


Mr. Silber is employed as a physicist in the 
Aeroballistics Division of NASA's George C. 
Marshall Space Flight Center. He obtained 
his B.A, in physics from Vanderbilt University 
in 1957. Since 1957 he has been em- 
ployed by the Army Ballistic Missile Agency 
and was transferred to NASA July 1, 1960. 
His present activity is in the fields of space 
guidance theory and celestial mechanics, 
with special emphasis on problems in orbit 
transfer. 


An Introductory Problem 


As an introduction to the problem at hand, let 
us consider the simpler problem of obtaining the 
24-hour orbit without regard to the longitude of the 
earth-fixed point. It will be taken as axiomatic 
that the most economical procedure for obtaining a 
high-altitude orbit is that of first establishing a 
low-altitude orbit and subsequently departing onto 
a second orbit which intersects the high-altitude 
orbit. It is by no means obvious that the low- 
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Obtaining a Twenty-Four Hour Orbit 


{nalysis of some possible schemes for oblaining a 24-hour orbit from a nonequatorial launch site, 
specifically, Cape Canaveral—schemes that are general and applicable to any 
desired longitude for the earth-fixed point in the 24-hour orbit. 


The scheme should be as economical as possible, propellant-wise, and the involved 


flight limes should be kept to a minimum at points of the scheme in which 


accuracy and accuracy of guidance equipment with lime are critical. 


altitude orbit, sometimes called a parking orbit, 
should be circular in order to obtain the most 
economical transfer, but numerical studies for the 
problem of ascent into the 24-hour orbit to a par- 
ticular longitude indicate that, at least for that 
particular problem, the parking orbit should be 
circular at the point of injection. Therefore, we 
will proceed under the assumption that it is desired 
to establish a low-altitude circular parking orbit, 
and to transfer from there to the 24-hour orbit. 


In order to avoid the complex considerations 
associated with the launch phase, certain simplifying 
assumptions will be made. These simplifications 
will not affect the applicability of the injection 
schemes which later follow, and for a specific mission 
and vehicle, a necessarily more precise analysis may 
be included within the framework of the principles 
underlying the proposed injection schemes. Sim- 
plifications are used here to facilitate a comprehen- 
sive survey of the effects of the basic parameters 
involved. 

The first assumption is that the entire launch 
phase and the ensuing parking orbit occur in a 
single space-fixed plane. That is, of course, a very 
reasonable assumption. The orientation of the 
launch plane then depends only on the launching 
azimuth employed. 


In Fig. 1 can be seen the effects of variation of 
the launching azimuth on the orientation of the 
flight plane. All trajectories emanate from Cape 
Canaveral. Note particularly that in varying the 
launching azimuth, one necessarily also varies the 


inclination of the flight plane to the equatorial plane. 
The minimum inclination occurs for a 90° (or due- 
east) azimuth and is equal to the latitude of the 
launching site, roughly 28°. The maximum in- 
clination is +90°—polar orbits—corresponding to 
launching azimuths of 0° (due-north) and 180° 
(due-south). 

Another parameter which varies with the launch- 
ing azimuth is the longitude of the first equatorial 
crossing, or node. As the azimuth progresses from 
southerly to northerly (Continued on page 76) 


IMPULSE APPLICATION 


HOHMANN ELLIPSE——™ 
i 


IMPULSE 


Fig. 2. Hohmann ellipse for transfer between coplanar circles. 
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Propulsion Systems—For Better Stopping Power 


Thrust Reversers for Jet Aircraft 


Selection and Design 


John C. Pickerd, MIAS, Rohr Aircraft Corporation 


= CHANGE-OVER from piston-engined to turbine- 
powered aircraft has resulted in increased perform- 
ance and economy in today’s air transportation. 
Along with this increase in performance has come a 
requirement for increased runway length to accom- 
modate the higher landing speeds of the faster jet 
aircraft. With the piston-engined aircraft, revers- 
ible pitch propellers were available to provide re- 
verse thrust on the ground, supplementing the air- 
plane’s wheel brakes in reducing the landing roll. 
A jet-powered aircraft does not have the benefit of 
the reversible pitch propeller, and a new means, 
the thrust reverser, was devised to shorten the land- 
ing roll. The requirements for a thrust reverser are 
somewhat more demanding than those for the re- 
versible pitch propeller. Increased momentum, 
contributing heavily to the higher performance re- 
quirement, is the result of greater aircraft mass as 
well as higher touch-down speed. 

Since power is available from the engines during 
the landing condition in jet aircraft as in piston- 
engined aircraft, engine power may be utilized in 
generating reverse thrust to help retard the landing 
roll. This is accomplished simply by turning the ex- 
haust gases from the jet engine in such a manner that 


Mr. Pickerd began his aeronautical career 
in 1941 with Convair, San Diego; in 1954, 
he joined Rohr Aircraft's Engineering De- 
partment, where he now supervises the Re- 
search Section. During the past 5 years, in 
the sound suppressor-thrust reverser field, 
the Research Section under his direction has 
been responsible for three installations, 
providing design criteria and performance 
analysis. Two installations were target-type 
thrust reversers—one in combination with 
sound suppressors for the Pratt & Whitney 
JT3 engine, the other was nacelle mounted 
for the Lockheed JetStar airplane with a JT12 engine. The third in- 
stallation was a cascade thrust reverser for the North American Avia- 
tion F-100 aircraft. Mr. Pickerd received his formal education at San 
Diego State College and the University of Kentucky; he is a member of 
the IAS. 
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they issue in a forward direction rather than aft, 
resulting in a reverse thrust force (Fig. 1). 

In addition to retarding the landing roll, thrust 
reversers may also be used advantageously during 
flight to permit rapid deceleration of the aircraft 
when approaching turbulent air conditions, to exe- 
cute jet penetrations to a lower altitude in the event 
of cabin depressurization at a high altitude, and to 
provide more flexibility in the choice of landing ap- 
proach paths. It is quite feasible, for example, to 
increase the approach angle from the current 3 to 4 
deg. to something of the order of 20 deg. by the use 
of thrust reversers. Analytical studies and flight 
tests have shown the thrust reverser to be at least 
as effective as the speed brake for these maneuvers. 

The problem of thrust reversal for jet aircraft has 
been under consideration by many engineers since 
the inception of the jet engine itself. However, 
concentrated effort to develop a thrust reverser for a 
particular airplane configuration was not applied 
until the early 1950’s. The major portion of the ef- 
fort in the United States was exerted by NASA and 
by such concerns as the Boeing Airplane Company, 
Rohr Aircraft Corporation, and others. Develop- 
ment efforts were simultaneously taking place in 
several European countries. A recent search dis- 
closed over 90 thrust reverser patents granted—50 
in the United States, 17 in England, 17 in France, 
and the balance in Australia, Belgium, and Switzer- 
land. 

As in any other development where a need existed 
to fill a certain requirement, a great many different 
configurations evolved, the basic principle of all con- 
figurations being the same—that of turning the ex- 
haust gases to discharge in a forward direction. Fig. 
2 shows some of the early types of thrust reversers 
that were conceived. Fig. 2A shows a combination 
of an aerodynamic type of blocker which redirects 
the gases outwardly and cascade rings that turn 


the gases in a forward direction. In Fig. 2B, cas- 
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Pertinent factors in the design of a thrust reverser for a given jel aircraft are discussed, 


and typical performance data surveyed. 


With new and better high-temperature alloys becoming available. 


lighter weight, more reliable thrust reverser service may be expected in the future. 


Although this paper deals primarily with a ground use thrust reverser, 


it is becoming more and more evident that the in-flight thrust reverser 


will join the ground roll reverser for military and commercial use. 


FORWARD THRUST 


REVERSE THRUST 


Fig. 1. Reverse thrust principle. 


cades initially turn the exhaust gases, and deflector 
doors complete the turn. Fig. 2C shows a mechani- 
cal blockage type in which the exhaust duct is 
physically blocked by flaps which turn the gases for- 
ward. The design shown in Fig. 2D combines 
blocker doors, turning cascades, and external doors. 

A great many of the early designs did not proceed 
to advanced development because of extreme me- 
chanical complexity, poor reverse thrust performance, 
excessive weight, and deleterious effects on engine 
performance. 

Fig. 3 depicts the two types of reversers that sur- 
vived the development era and are currently in use 
on jet transports. Fig. 3A incorporates mechanical 
blockage doors with cascade vanes to turn the gases. 
Fig. 3B represents the target-type thrust reverser 
in which the target doors themselves do the exhaust 


gas turning for reverse thrust and are retracted to 
form part of the pod boat-tail structure during for- 
ward thrust conditions. These two configurations, 
the cascade and the target type, have evolved from 
the multitude of previous types considered, and are 
the most practical from the installation viewpoint, 
as well as from the cost and reliability viewpoints. 


Factors Influencing Thrust Reverser Design 


Table 1 lists several of the more important fac- 
tors involved in design of a thrust reverser for a par- 
ticular aircraft. The list is not necessarily arranged 
in order of importance. Quantitative data given 
are for a typical target-type reverser. 


Aircraft and Engine 


Consideration should be given to whether the en- 
gines are wing pod mounted, fuselage pod mounted, 
or—as in the case of a fighter aircraft—fuselage 
The influence of these factors is dis- 
(Continued on 


mounted. 
cussed in detail later in the paper. 
page 84) 


BLOCKER DOOR 


EXTERNAL DOOR 


Fig. 2. Early types of thrust reversers. 
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Fig. 1. 


Approximation in the problem of maximum and minimum, 


I. SOLVING an engineering problem, one usually be- 
gins with the formulation of the general governing 
equations. The order of magnitude of each term in 
the equation is examined. Based on physical reason- 
ing, certain terms which are found to be small—i.¢ 
of the order of « as compared to the leading terms 
can be neglected. The governing equation is thereby 
simplified (either reduced in order or linearized) so 
that solutions can be obtained analytically or nu- 
merically with less labor. The solutions of the sim- 
plified equation are usually in error of the order of e. 

However, for variational problems we will show 
that the error in the extremal of the functional is of 
the order of ¢? if terms of order ¢ are omitted in the 
Euler equations. The simplified equations may be of 
lower order or linearized. Moreover, there are cases 
where certain nonholonomic accessory conditions 
become ignorable and the associated Lagrange multi- 
pliers are “‘lost’”’ in the simplified Euler equations. 
Thus, the numerical solution of the simplified equa- 
tions can be obtained with a substantial reduction 
in labor. 


For a better understanding, we shall first examine 
the approximation in the elementary problems of 
maxima and minima. 


Elementary Problem of Extremal 


Consider a function of f(x) which is approximately 
equal to fo(x)—.e., 


This research was supported by the USAF through the Air 
Force Office of Scientific Research, ARDC, under Contract 
No. AF 49(638)-445, Project No. 9781. The author is in- 
debted to Professors Antonio Ferri and Paul Libby for their 
invaluable discussions. 
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Space Physics—A Rendezvous Problem 


Lu Ting, MIAS, Polytechnic Institute of Brooklyn 


Approximating Technique 


f(x) = fo(x) + efi(x) (1) 


where /o, fi, and their derivatives are of the same 
order; f(x) is an extreme where x = x* fulfills the 
equation fy)’ + ¢f;' = 0. If & is the root of the 
simple approximate equation fo’ = 0, then x«* — & 
= €f'(x*)/fo"(x*) + O(e?), and the approximate ex- 
treme /f(%) will differ from the true value f(x*) by 
the order of e” since 


f(x*) — f(#) = —[(& — x*)?/2)f"(x*) +... = 
(2/2) [fi’(x*) [fo"(x*) + o(e2) (2) 


However, if the extreme value is evaluated by its 
approximate form fo(Z), the error is of the order of « 
because of the term ef), as shown in Fig. 1. 

This shows that if the equation for the location of 
the extreme is approximated with an error e«, the 
value of the extreme evaluated without the approxi- 
mation of f(%) by fo(%) is in error of the order of e&* 
only. This argument can be readily extended to 
functions of variables with or without 
The following special example 
will clearly illustrate the approximations in a cor- 
responding variational problem to be discussed in the 
next section. 


several 
auxiliary conditions. 


Consider a function f(x, y) of two variables x and 
y which are related to a third variable by two equa- 
tions 


h(x, y, z) = 0 (4) 


We can either eliminate z from Eqs. (3) and (4) and 
consider y as a function of x or introduce the La- 


grangian multipliers \i, A». The locations (x*, y*, 2*) 
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A technique for obtaining approximate solutions of variational problems is presented in this paper. 


It is shown 


that, if there are small terms (of the order ¢ < 1) in the functional and/or accessory equations, the extreme of the 


functional taking into account the first-order effect of those small terms can be obtained by the following procedure. 


The Euler equation or equations are approximated by omitting the small terms. The solution of the approximate but 


simpler Euler equation subjected to the exact accessory equations is then obtained. 


With this solution, the value of 


the functional evaluated without omilling any terms differs from the true extreme by the order of *. 


This statement is applied to the problem of optimum rocket trajectory. 


It is concluded that the relatively simple 


solution of Dommasch and Barron does yield the correct optimum value taking into account the first-order effect of 
aerodynamic forces, that of the variation of the radial distance from the earth’s center, and that of the rotation of the 


earth. 


for Variational Problems 


of the extreme of f(x, y) and A, A» are determined by 
Eqs. (3) and (4) and by the following equations: 


fe + Mgr + Ah, = O (5) 
fy + My + Ahk, = O (6) 
Aige + doh, = 0 (7) 


If g(x, y, s) can be approximated by g(x, y)—.e., 
g(x, 2) = g(x, y) + g(x,y, 2) (8) 


Eqs. (5), (6), and (7) can be written with ), elimi- 
nated as 


Ai [gz eg." hz 


=0 (9) 
Sy + Ai [gy = eg.) (hy /hz) 


0 (10) 


Il 


The approximate location Z, ¥, 2 can be located if 
terms of the order ¢« are omitted in the equations of 
extreme, Eqs. (9) and (10), which become 


fe + Migr = 0 (11) 
ty Aigy = 0 (12) 


Here we have assumed that the derivatives of g, 
gz) or h with respect to x, y, or z are of the same 
order. Egs. (11) and (12) would be correct equations 
of extreme if z were independent of x and y and 
the auxiliary Eq. (4) were ignorable. 

t, ¥, and 2 are determined by Eqs. (3) and (4) and 
the following equation: 


fe — = 0 (13) 


which is obtained from Eqs. (11) and (12) by the 
elimination of 

Noting the differences in the equations for x*, y*, 
z* and #, J, z, we have 


Dr. Ting obtained the degree of Bachelor of 
Science in mechanical engineering from 
Chiao Tung University, Shanghai, China, in 
1946. He subsequently obtained a Master 
of Science degree from the Massachusetts 
Institute of Technology in 1948 and another 
from Harvard University in 1949, and re- 
ceived the degree of Doctor of Aeronautical 
Science from New York University in 1951. 
He joined the Aerodynamics Laboratory of 
the Polytechnic Institute of Brooklyn in 1955 
and at present holds the position of Research 
Professor of Aeronautical Engineering in the 
Department of Aerospace Engineering and Applied Mechanics. He 
has publications in the fields of aerodynamics, elasticity, and space 
mechanics. 


(14) 
h*—h=0 (15) 


and Lfs*gy* — — = 
e(ge)*/h,*) [f*hy* — fy*hz*] (16) 


where the superscripts (*) and (~) indicate, respec- 
tively, the functions of x«*, y*, 2* and &, 9, 2. 

With a Taylor series expansion around x*, y*, 2* 
or Z, ¥, 2, we can see that ¢ — x*, ¥ — y*, andz — 2* 
are of the order of «. In particular, from Eq. (14) 
we have 


— y*)/(@ — x*) + = Ole) (17) 
The difference of f* and f is 
= (xt — af. + + Ole) 


(x* — [fz + — 5)/(x* — 
= (18) 


because of Eqs. (17) and (13). 
Eq. (18) remains valid if Eq. (13) for Z, 9, 2 is re- 
placed by the strictly linearized equation: 


II 


(Continued on page 89) 
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Impulsive Excitation 
(Continued from page 9) 


vibration testing. The utilization of 
such techniques, introduced in the late 
1930s to early 1940s was quite adequate 
in view of the speed capabilities of the 
aircraft of that period. It was quite 
reasonable in a 200- to 300-m.p.h. air- 
plane for the pilot or passenger to run 
through a slow-frequency sweep on a 
typical unbalanced shaker. However, 
as the speed of aircraft increased it be- 
came necessary to increase the sweep 
rates to such a degree that the sweep 
rate significantly altered the structural 
response. Resonance peaks were shifted 
in the direction of the frequency change. 
Elaborate analytical techniques had to 
be developed to allow continued use of 
this excitation method. Complex servo- 
mechanisms were developed which al- 
lowed automatic and repeatable pro- 
graming of the sweep. Thorough de- 
scriptions of such systems and theoreti- 
cal techniques were presented‘ by many 
investigators. 

As more exotic sinusoidal techniques 
were required, it became very apparent 
that there was a strong demand for a 
transient excitation technique. For 
some years, a technique commonly 
known as ‘‘stick-banging”’ or “‘rudder- 
kicking’’ has been employed by many 
flutter engineers. Where considerable 
experience is available on the flutter 
characteristics of a particular flight ve- 
hicle and where it is known that this tech- 
nique will adequately excite the critical 
mode, this is still a useful method of in- 
flight vibration testing. Practically, this 
technique is limited to relatively un- 
sophisticated aircraft and control con- 
figurations. 

Normal atmospheric turbulence is an 
omnipresent and tempting excitation 
tool. Measurement and spectral analy- 
sis of the aircraft dynamic response to a 
random excitation has come within the 
experimental capabilities of the aero- 
elastician in recent years. However, 
the response alone is insufficient informa- 
tion to yield the required knowledge of 
structural response frequency and damp- 
ing. The airplane transfer function or 
the forcing function must be known to 
define fully the stability of the aero- 
elastic system. Although this approach 
still holds considerable promise, it is 
not considered that the transfer func- 
tion can adequately be defined either 
theoretically or experimentally or that 
in-flight instrumentation has achieved 
sufficient sophistication to measure the 
forcing function adequately. 

Accordingly, when the classical ‘‘stick- 
bang” is insufficient for transient excita- 
tion, it becomes necessary to apply a 
controlled disturbance input to the 
vehicle in flight. Such transient forc- 
ing functions could possibly be supplied 
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by numerous types of momentum ex- 
change devices attached to the vehicle. 
After extensive study, it was considered 
feasible to utilize small rocket motors at- 
tached to the lifting surface and firing 
normal to the plane of the lifting sur- 
face. Such techniques have been ex- 
tensively developed and applied both by 
the RAE in Great Britain and ONERA 
in France, as reported by Tammadge 
and Wolfe* and by Mazet.® Limited 
use of this technique in this country 
was reported by Stringham‘ of Douglas 
Aircraft Company. Many problems 
have been encountered in the design of 
rocket motors for this purpose. Prac- 
tical solutions to all of these problems 
have been achieved in the development 
program being reported. This tech- 
nique is now a practical reality which 
gives the flutter engineer a reliable tool 
for transient in-flight vibration testing. 

This tool for reliable transient flight 
vibration testing is a significant addition 
to the flutter engineer’s tool box. No 
individual tool, however, is adequate 
for all configurations for which the 
flutter engineer might wish to measure 
the in-flight vibration characteristics. 
For large aircraft (heavy bombers and 
transports) a sinusoidal technique such 
as that developed by Boeing Aircraft, 
using an oscillating vane technique, is 
the most practical. For smaller, higher 
performance flight vehicles with higher 
structural frequencies, the impulsive 
excitation technique affords a distinct 
advantage. Various forms of ‘‘stick- 
banging”’ will be found useful for lower 
performance aircraft. 

All methods of in-flight vibration test- 
ing regardless of excitation technique re- 
quire the following: 

(a) Measurement of structural re- 
sponses. 

(b) A technique to deduce the fre- 
quencies and structural dampings of 
individual vibration modes from the 
measurements. 

(c) Establishment of suitable criteria 
on which to base a decision to continue 
the flight program. 

(d) Some acceptable technique of 
monitoring and assuring the safe prog- 
ress of the flight program. 


(I) Impulsive Excitation Techniques 


In the development work on the ap- 
plication of ballistic devices to in-flight 
vibration testing conducted by the 
ONERA in France® and by the RAE 
in Great Britain,‘ many problems were 
encountered in the development of ac- 
ceptable rocket motors. Major prob- 
lems revealed by their studies were the 
attainment of simultaneous ignition of 
the rocket motors and the effects of tem- 
perature on the repeatability of the force- 
time history. The RAE work made 
use of ballistically initiated impulses 
having thrust-time histories approximat- 
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ing a square wave. In a paper pub-| 
lished by B. Coupry, R. Valid, and G } 
Piazzoli of the ONERA?® it was stated 

that studies were made relative to the| 
effect of the shape of the thrust-time| 
history of the impulse. Their studies 

compared the square-wave type im- 

pulse to the half sine-wave type impulse 

Their conclusions indicated that the 
half sine-wave impulse appeared to re. 

sult in greater modal selectivity and to 

yield much higher peak thrust values 

They also reported the effect of firing a 

series of rocket motors at carefully 

spaced intervals to approximate the 

first few cycles of sinusoidal excitation, 

The French philosophy in the applica- 

tion of impulsive excitation to in-flight 

vibration testing is not known; how. 

ever, the British consider using this 

technique only to excite what they are 

sure is the critical mode. 

In consideration of the importance of 
the impulse shape as shown in previous 
research, a comprehensive analog study 
was performed by the writers in order to 
optimize the impulse shape of the 
rocket motors. The objective of the re- 
search was to discover the impulse shape 
and time constants which provided the 
maximum response in the desired mode 
relative to the response in all undesired 
modes. The practical limitations of the 
state of the ordnance art were included 
in this study. The technique employed 
was to construct an analog circuit which 
was analogous to a second-order dy- 
namic system. The system damping 
coefficient used was made proportional 
to amplitude and in phase with velocity. 
The second-order system was then sub- 
jected to forcing functions equivalent 
to several ballistically obtainable im- 
pulses. The conclusions made by the 
French, which indicated that the sym- 
metric ballistic pulse approximating a 
semisinusoid provided the most selec- 
tive excitation, were confirmed. Fig. | 
shows a comparison of the response for a 
symmetric and sharp trailing-edge im- 
pulse. This dramatically demonstrates 
the effect of impulse shape on modal 
purity. A further result of the analog 
study was that a sufficient amount of 
information was obtained for each im- 
pulse shape studied to determine the 
effect of the impulse period on the modal 
purity achievable. As described in an 
earlier report on this investigation* dis- 
tinct improvements can be made in 
modal purity by choosing a time-con- 
stant which optimizes the ratio of the 
response of desired-to-undesired modes 
rather than one which maximizes the 
modal response in the desired mode. 

It could be seen intuitively that the 
purity of the modal response could be 
further improved by optimizing the 
physical location of the impulse units on 
the structure. The results of the com- 
plete airplane ground vibration survey 
which included the location of the sur- 
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face node lines and the mode shapes at 
zero airspeed were used to locate the 
exciting units. For example, in order to 
excite the first bending mode of a struc- 
ture, the ballistic units were placed on 
the intersection of the second bending 
node line and the pitch-torsion node line 
(Fig. 2). In such a location, it may be 
shown theoretically that the application 
of an impulse at that point would pro- 
duce a reasonable response in the first 
bending mode while the response in 
second bending and torsion would be 
theoretically nonexistent. Similarly, to 
excite the pitch-torsion mode two units 
were used, one installed on the second 
bending node line to react upward near 
the trailing edge. The second unit was 
located to react downward on the second 
bending node line near the leading edge. 
The following practical considerations 
result in some small component of the 
force being applied to the undesired 
modes: 

(1) The location of the structural 
node lines changes to some degree be- 
tween the zero airspeed condition and 
the airspeed conditions attained during 
the course of an in-flight vibration in- 
vestigation, 

(2) The ballistic units, which in this 
case were installed externally, could not 
be installed exactly on the node line 
intersection but locational compromises 
were necessary when the local load- 
carrying capabilities of the structure 
were considered. 

A further rocket motor design con- 
sideration is the establishment of the 
thrust values which will adequately 
excite the structure to an amplitude 
significantly greater than its response to 
the average turbulent excitation through 
which the aircraft will fly during the in- 
vestigation. Knowledge of the general- 
ized mass of the surface was used to 
select the relative force levels of the 
rocket motors used for excitation of the 
second bending mode. Use of this cri- 
teria reduced the unbalance between 
forces which otherwise would have 
existed and would have further in- 
creased the response of the undesired 
modes. 

In the development of suitable ballis- 
tic devices, the following design re- 
quirements were established in addition 
to those noted above: 

(1) The delay in ignition time from 
the receipt of the electric impulse must 
be reduced to a negligible period in com- 
parison with the time-constant of the 
highest frequency of interest. 

(2) The effects of altitude and tem- 
perature on the force-time history must 
be reduced to a negligible level. 

(3) The physical mass of the result- 
ing units was held to an absolute mini- 
mum in order to prevent the alteration 
of the dynamic system under test. 

(4) The physical size of the units was 
held as small as feasible and suitable 
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Fig. 2. Typical node line and ballistic unit 


layout. 


aerodynamic fairings were designed such 
that any adverse aerodynamic effect 
caused by the external installation 
would be minimized. 

(5) It was required that any installa- 
tion or removal of the units could be 
made with relative ease on any produc- 
tion aircraft without special modifica- 
tions. 

(6) The initiation of the units must 
be controlled by the test pilot in such a 
manner that a minimum of his attention 
is required. 

(7) The cost of the ballistic units was 
to be held to a minimum. The flight 
program conducted on the A3J-1 uti- 
lized 41 units for each flight condition 
investigated to excite 15 airplane modes. 

The basic ordnance engineering of the 
rocket motors used by North American 
Aviation was done by Ordnance En- 
gineering Associates, Inc., of Chicago, 
under the technical direction of Messrs. 
A. Kafadar, L. Sachs, R. Olson, and J. 
Nordhaus of O.E.A. The specifications 
required of the units were compiled as 
as result of the studies and consideration 
noted above. 

The actual details of the NAA-Colum- 
bus rocket motor design and their physi- 
cal installation is worthy of further dis- 
cussion. In particular, those aspects of 
the design which give repeatibility of 
ignition periods deserves special men- 
tion. Also a discussion of how the force 
levels and time duration are controlled 
is pertinent. 


Fig. 4a. Ballistic exciter (components). 
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The basic cartridge is fabricated out 
of 4140 steel in two pieces—namely, a 
base unit which is bonded directly to 
the aircraft structure and the motor unit 
which is attached by means of a shoe 
fitting to the base. This two-piece de- 
sign minimizes the exposure time of 
both the aircraft and personnel to the 
live rocket motors and provides a high 
degree of interchangeability. Further, 
since the ballistic units must be replaced 
after each firing, it allows replacement 
of the rocket motors without disturbing 
the airplane attachment. The base of 
the two-piece units is externally bonded 
to the aircraft structure using a poly- 
sulphide type bonding material. A cur- 
ing period of 2 hours at a temperature 
of 140°F. is required 

A drawing of the rocket motors and 
attachment pads are shown in Fig. 3. 


SEALING DISC—- 


to 10,000 psi. A typical ‘“‘lock-shut” 
pressure ranges between 40,000 and 
50,000 psi. Internal temperatures dur- 
ing detonation are of the order of 
magnitude of 3,000°K. The total 
rocket weight of the early configuration 
varied from 0.6 to 0.8 lb. and produced 
a thrust of 50 to 200 lb. as required. 
These units were approximately 2!/, 
in. long and 1 in. in diameter except for 
the base. 

The ignition system consists of two | 
parts. An M52A3 electric primer (lead § 
styphnate), which becomes unstable § 
when an electric current is passed i 
through it, triggers a black powder § 
igniter charge (type A4BP) which in J 
turn ignites the main propellant. A 
thin magnesium disc separates the JJ 
igniter charge from the main propellant. J 
By delaying release of the energy gen- § 


NOZZLE 


ELECTRIC 
PRIMING CAP @& 


STEEL BODY — | EXPANSION FJ 


| CHAMBER 


BLACK POWDER 


PRIMER CHARGE 


SCREEN 


MAIN PROPELLANT CHARGE 


Fig. 3. 


A suitable aerodynamic fairing is placed 
around the motors to minimize drag, 
Fig. 4. Because of the small volume of 
the charges, it was impractical to design 
the steel case to withstand the “‘lock- 
shut’”’ pressures. This is the pressure 
which would build up within the car- 
tridge were the exit orifice plugged. 
Normal operating pressures of the in- 
ternal ballistic unit range from 4,000 


January 1961 


Cutaway of ballistic impulse unit. 


Fig. 4b. 


“O" RING SEAL 


DISC 


erated by the igniter until a more com- 
plete burning of the charge occurs, this 
disc serves to improve the repeatability 
of ignition time. This dise also serves 
the function of providing a moisture 
seal for the black powder igniter. Whenf 
this seal is ruptured, the igniter triggers} 
the main propellant (M-2). This pro-§ Th! 
pellant consists of several cylindrical, § pe 
single-perforated grains. The total] elec 
req 
Ballistic exciter (assembled). » por 
pur 
eff 
ove 
mat 
T 


dou 
sup 


O 
fe) 

ia | 

= 

- 
>: 
sy 


and 
lur- 

of 
otal 
tion 


lead 
table 
assed 


wder 


re COM- 


rs, this 
tability 
» serves 
1oisture 


120 KVA Electrical Power 
and Pneumatic Starting for 
Jet Aircraft... 


LA 


AiResearch GPV-91 
gas turbine and 120 KVA 
alternator ground 
power unit 


When§ 


triggers 
pro- 
ndrical, 


This single AiResearch ground 
| power package provides all the 


total! electrical and pneumatic power needed 


to meet the increased ground support 
requirements of the newest jet trans- 
) ports. At the same time, the new dual- 
|} purpose GPV-91 results in a unit that 
heffects considerable dollar savings 
jover separate units to provide pneu- 
jmatic starting and electrical services. 

The 120 KVA power package 
doubles previous electrical output of 
support systems to supply 


all power for ground checkout and 
heating...and enables Freon refrig- 
eration systems to operate at maximum 
capacity during the entire ground 
operation in hot weather. 

The compact power unit consists of 


an AiResearch GTCP 85-91 gas tur- 


bine driving a 120 KVA alternator. 
This gas turbine features automatic 
operation and pushbutton starting, 
operates in any weather extreme from 
—65° to 130°F. Optional 28 volt de 
power is available up to 1600 amperes. 

This lightweight power package can 
be installed on nearly any vehicle or 
carried as an onboard unit. AiResearch 
has delivered more than 9000 gas tur- 
bines in the 30 to 850 hp range, and is 
the world leader in producing turbine 
ground support for airliners. 


Please direct inquiries to Los Angeles Division. 


AiResearch Manufacturing Divisions 


Los Angeles 45, California * Phoenix, Arizona 
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Fig. 5. 


charge weight varies from approxi- 
mately 1.1 grams for short-duration im- 
pulse units (7 to 9 ms.) to 2.8 grams for 
longer duration impulses (28 ms.). 
This compares to approximately 3 grams 
of propellant in a typical 12-gage shot- 
gun shell. 

The propellant grains are each in- 
dividually selected by hand to mini- 
mize burning irregularities. Approxi- 
mately 10 per cent of the grains are re- 
jected in this hand selection process. 
In order to obtain a sharply terminated 
long-duration impulse (28 ms.) each 
individual propellant grain is oriented 
in a special direction in the rocket 
motor. The main propellant is sealed 
from the combustion chamber by an 
aluminum disc. This is done to achieve 
a maximum burning rate of the propel- 
lant prior to the release of the energy. 
This provides a maximum repeatability 
of the characteristic rise time and im- 
proves control of the force amplitude. 
A screen is provided between the alumi- 
num disc (which is ultimately rup- 
tured) and the exhaust nozzle. This 
screen prevents plugging of the nozzle 
by propellant particles, thus achieving a 
clean force-time history by minimizing 
higher order disturbances as well as 
reducing the possibility of explosion. 
The volume of the combustion chamber 
is carefully designed to achieve the de- 
sired internal pressure and hence force 
level. A nozzle is located in the end of 
the combustion chamber of the rocket 
motor. Very careful hand reaming tech- 
niques are necessary to get good re- 
peatability of both force amplitude and 
time duration from the rocket motor. A 
retaining ring and blowout seal are 
provided over the nozzle to prevent the 
intrusion of foreign objects. 

By the foregoing design procedures 
and by paying careful attention to de- 
tails, it has been possible to achieve 
virtually simultaneous ignition of several 
motors. The time elapsed between re- 
ceipt of the electric impulse to the elec- 
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Instrumentation and communication flow chart. 


tric primer and the start of the pressure 
build-up in the rocket motor is less than 
20 w sec. It has further been possible 
to tailor the force-time history to very 
nearly approximately a semisinusoid. 
This is a much easier task for short- 
duration impulse units than it is for 
the long-duration units. 

Certain considerations were 
observed throughout the design of these 
rocket motors. In particular, the two- 
piece design minimizes the personnel 
hazard by allowing the actual propul- 
sion units to be stored in a magazine 
until just prior to the test flight. The 
only personnel hazard at a reasonable 
distance from the charges is that of 
explosion. The normal firing of the 
charges, except for the danger of explo- 
sion, could be observed from as close 
as 5 ft. The charge produces a flame 
pattern of approximately 2 ft. with 
flame temperatures considerably less 
than 1,500° K. The charges are capa- 
ble of operating or being stored in an 
environment of up to 160°F. with very 
adequate margins of safety. 

Design modifications were progres- 
sively made to the ballistic units during 
and after the development program 
prior to use on the A3J-1 program. 
The latest units encompass the results 
of the optimization study and provide 
peak thrust values between 200 and 800 
lbs. and thrust durations between 7 and 
150 ms., depending upon the mode 
being investigated. In addition, the 
new units were redesigned to decrease 
the frontal area of the installation. 
The units have proved themselves to be 
extremely reliable in that no malfunc- 
tions attributable to the units them- 
selves have been experienced during the 
current program in which approxi- 
mately 700 units have been fired. 


safety 


(Il) Instrumentation and Data 
Analysis 


Having provided a means of exciting 
the structure it becomes necessary, of 
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course, to observe its response. The 
two transducers which immediately 
come to mind are strain gages or ac. 
celerometers. The characteristics of the 
structural response which are of primary 
interest are the frequency and damping 
On the one hand, the strain-gage type 
transducer has several advantages in. 
cluding ease of installation, noise-free 
signals and minimum cost. However 
the interpretation of the required infor. 
mation from strain gages is a very 
tedious process because of the presence 
of several superimposed modal reponse 
strains seen by the gage. Acceler. 
ometers, on the other hand, are very 
prone to noisy electric signals and re. 
spond readily to the high-frequency, un. 
wanted structural vibrations which are 
present. One single overwhelming ad. 
vantage is enjoyed by the acceler. 
ometer—namely, it can be located on the 
intersection of the node lines of the 
undesired modes, thus minimizing all 
signal inputs from extraneous modes. 
A further requirement of the response 
measuring system is that the measured 
response be permanently recorded in 
retrievable form to facilitate the data- 
analysis process. In the flight vibration 
program carried out on the A3J-1 air- 
craft, a 14-channel airborne magnetic 
tape recorder was used. In conjunc 
tion with the tape recorder, a subcarrier 
oscillator system was employed which 
permitted the recording of 12 individual 
parameters on each individual tape 
channel. A total of 16 accelerometer 
signals were recorded in this program in 
addition to the normal flight condition 
parameters such as airspeed, altitude 
normal acceleration, and Mach number 
utilizing only 3 of the 14 channels 
available. A diagram showing the basic 
instrumentation and communications 
elements being used in the current 
program is shown (Fig. 5). As will be 
noted, complete data is recorded on the 
airborne tape-recording system. In 
addition, eight accelerometers, located 
to indicate response in at least the 
theoretically predicted critical modes, 
are configured to be telemetered instan- 
taneously to the ground station where 
the flutter engineer observes the _ be- 
havior of the airplane’s vibration charac- 
teristics during flight. In observing 
these instantaneous response signals, 
the flutter engineer is able to determine 
the relative turbulent conditions and 
any unpredicted radical change in, the 
frequency and damping of a critical 
mode. An additional advantage of the 
monitor system is that the observer 
can, in most cases, determine instru- 
mentation malfunctions and, if deemed 
necessary, request the pilot to abort 
the firings, or to make alternate firings 
not compromised by the particular mal- 
function noted. In view of the per-unit 
cost of the ballistic units and aircraft 
flight time, such a capability may save 4 
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great deal of airplane time and money 
by requiring less repeat firings. The 
instrumentation system described pro- 
vides reasonable aircraft/pilot safety 
in addition to complete, electrically re- 
trievable data signals without its being 
burdensome. 

After applying all of the optimization 
techniques described, we now arrive at 
the point where a retrievable electric 
signal is available equal to the response 
of the structure at the points on the sur- 
faces where the accelerometers are 
located. In order to interpret these sig- 
nals into accurate frequency and damp- 
ing information, the signals must be 
free from unwanted modal signals, elec- 
trical recording noise and_high-fre- 
quency structural noise. A typical un- 
filtered accelerometer response signal is 
shown in Fig. 6. It is readily seen that 
the signal is not completely free of the 
unwanted elements, and that extensive 
filtering is required. 

During the development program, the 
technique employed to purify the re- 
sponse signals to the point where ac- 
curate frequencies and damping rates 
could be calculated made use of a series 
of commercially available, low-fre- 
quency, variable band-pass filters 
(Khron-Hite). The technique used 
was to establish a narrow band pass 
centered about the expected frequency 
of the mode of interest and to pass the 
data signal through a series of such 
filters with decreasing band-pass widths. 
Such a process normally resulted in a 
record sufficiently pure in frequency to 
extract reliable information in the case 
of the development program test speci- 
men. 

During the later stages of the develop- 
ment program and prior to the com- 
mencement of the flight program on the 
A3J-1, it became apparent that the 
commercial filters were incapable of 
adequately isolating the more closely 
coupled modes. It was also found that 
damping rates in excess of g = 0.25 
could not be passed through the sys- 
tem without distorting the information 
sought. Since the A3J-1 aircraft was 
known to have closely coupled modes, 
the commercial band-pass filters were 
replaced as the final-data reduction tool. 

The analog computer was employed 
in the development of a circuit which 
would isolate all modes of interest. The 
time involved in developing a circuit to 
accomplish this objective precluded the 
use of the engineering analog facility. 
However, an inexpensive basic computer 
(Heathkit) was purchased for this pur- 
pose. The only modifications made to 
the basic computer were to replace the 
original 270 degree coefficient potenti- 
ometers with precision 10-turn potenti- 
ometers to provide more accurate coeffi- 
cient settings. 

The computer was first used to create 
Magnetic tape records of damped si- 
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nusoids of known properties in order 
to determine the accuracy of the circuits 
to be developed. Three of the tape 
channels were used to record pure fre- 
quency damped sinusoids of typical ex- 
pected frequencies and damping rates; 
a fourth was used to record the summa- 
tion or superposition of these three sig- 
nals in varying amplitude ratios. 

Several electrical approaches were 
considered in the development of a 
suitable filtering technique with the re- 
sult that the system shown in Fig. 7 
was evolved. Basically, the resulting 
circuit is analogous to a very lightly 
damped second-order dynamic system 
as indicated. If the magnetically re- 
corded data signal is impressed upon 
such a tuned circuit, the response of the 
circuit is superimposed upon the output 
signal. A method suggested in reference 
8 was employed whereby the response 
signal recorded on magnetic tape was 
made into a continuous loop and played 
back in reverse. Such a technique re- 
sults in an electric signal being imposed 
upon the tuned circuit in the form of a 
divergent sinusoid. This procedure re- 
sults in the elimination of the transient 
response of the circuit during the useful 
portion of the data signal, provided the 
continuous tape loop is sufficiently long 
to allow the circuit to return to a state 
of equilibrium prior to the next return 
of the data signal. 

As shown on the circuit diagram pre- 
sented (Fig. 7), a circuit frequency con- 
trol and circuit damping control are in- 
cluded which allow the user to utilize a 
constant tape speed, which most tape 
transports available in this country em- 
ploy, and to seek out the desired moda] 
signal by tuning the circuit to the exact 
modal frequency. The damping control 
allows the user to optimize the selec- 
tivity of the circuit without allowing ex- 
cessive free-run of the circuit. 

In many cases, a single circuit of this 
type is not sufficient to isolate the modal 
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Fig. 6. Typical data filtering record. 


signal to the extent desired; thus, as 
indicated in Fig. 7, two additional cir- 
cuits are made available. As shown, 
the unfiltered accelerometer response 
signal played in the reverse direction be- 
comes the forcing function of the first 
circuit, the response signal of the first 
circuit becomes the forcing function of 
the second circuit, etc., through the 
third circuit. Fig. 6 shows the succes- 
sive outputs of the three analog filtering 
circuits together with the original un- 
filtered response signal. 

The test tapes previously described 
were analyzed using the analog filter- 
ing system with the result that the 
known frequencies were extracted within 
0.2 cycles per second and the known 
damping rates were determined in most 
cases within 10 percent. Slightly larger 
errors were observed in determining 
damping rates with true damping of 
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Fig. 7. Analog filtering concept. 
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0.35 or greater. 
circuit filtering technique described is 
a vast improvement over the band-pass 
filters previously used and produces ac- 
ceptable accuracies, it is far from fool- 
proof. 


(II) Theoretical Subcritical 
Response 


The philosophy was firmly estab- 
lished, in an earlier section, that it is 
necessary to have the best possible 
theoretical predictions of the antici- 
pated transient response before initiat- 
ing an in-flight vibration test program. 
This requirement is easily satisfied by a 
simple modification of the classical 
velocity-damping (V-g) type of flutter 
solution. The classical V-g solution is 
known to be mathematically meaning- 
less at velocities other than the critical 
speed. The degree to which one can 
interpret the meaning of the slope of the 
V-g curve is still the subject of con- 
siderable debate. Zisfein® has _pre- 
sented the results of a particularly in- 
teresting study on this subject. 

The basic flutter equations of motion 
are founded on the assumption of simple 
harmonic motion. As pointed out by 
Scanlan and Rosenbaum,’ a very simple 
modification of the equations of motion 
can be made which will allow the equa- 
tions derived on the basis of simple har- 
monic motion to be extended to ex- 
ponentially decaying sinusoids. The 
assumption of simple harmonic motion 


wt 
x(t) = xoe*® (1 
where 
x(t) = amplitude at any time / 
Xo) = maximum amplitude of vibration 
w = frequency of oscillation 
t = time 
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Fig. 8a. FJ-4 symmetric empennage in- 
flight vibration test (these modes not indi- 
vidually excited). 


is modified for an exponentially decay- 
ing response to 


where \ = rate of decay. 


It is apparent from the second form 
of Eq. (2) that if none of the coeffi- 
cients of the equations of motion de- 
pended upon the assumption of simple 
harmonic motion, that the only change 
introduced by the introduction of the 
damped rather than the undamped case 
would be the introduction of the com- 
plex frequency (w + 7A) for the real 
frequency w. In fact, both the mechani- 
cal and noncirculatory aerodynamic 
terms are unaffected by this trans- 
formation. However, the circulation 
lag function C(k) is based on the as- 
sumption of simple harmonic motion. 
Therefore, if an unsteady aerodynamic 
theory is employed, it is necessary to 
assume the effect of C() unimportant, as 
does reference 7, or to account suitably 
for the effect of decaying oscillations on 
the lag function. 

In the investigation being described, 
the subcritical analyses conducted for 
the FJ-4 airplane and shown in Fig. 8 
utilized classical two-dimensional, un- 
steady, strip theory corrected with 
suitable three-dimensional _ lift-curve 
slope modifications. 

For the A3J-1, the theoretical predic- 
tions are based upon quasi-steady aero- 
dynamic theory. Accordingly, the lift 
lag has been neglected entirely so no 
further error is incurred by the introduc- 
tion of damped sinusoids. 

From a typical flutter solution, a 
complex root (Q = @ real + 79 imagi- 
nary) of the equations is obtained where 


Q = (1 + tga) [(wr/wi) + tA]? (3) 


where g, = measured structural damp- 
ing in mode a, and w, = reference fre- 
quency. 

From Eq. (3), two equations can be 
written by equating the real and im- 
aginary parts of the equation inde- 
pendently. These two equations involve 
the unknowns w; and A; gq, wy, Qr, and 
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Q; being known. It was found helpful 
in the solution of these equations to col- 
lect the known quantities into a term 

Q = (ga Q + Qr)/(Q: — gaQr) (4) 
In terms of this parameter and omitting 
the possibilities of negative and neutral 
damping and of negative frequencies 


a = 


wrlgaQ — 0? — (0 — ga) VQ? + 1)“ 
2(20! + 302+ 1+ 20(1 + 
/o: + 117 


(5) 


and\ = VO? + 1]. The decay 
rate can be expressed in terms of struc- 
tural damping as 


2r/ wi (6) 


Thus, with Eqs. (5) and (6) for w; and 
gi, it is possible to transform the results 
of a critical analysis to a subcritical 
analysis. The results of such analyses 
are discussed in a subsequent section. 


(IV) Comparison of Experimental 
and Theoretical Results 


The impulsive excitation techniques 
described in this paper have been suc- 
cessfully applied by the Columbus Divi- 
sion of NAA to two aircraft. The first 
application was to a prototype version 
of the FJ-4 horizontal stabilizer. This 
was a development program conducted 
to evaluate the adequacy of the experi- 
mental technique. A complete in- 
flight vibration testing program was 
subsequently conducted on the A3J 
as a final demonstration of its flutter 
integrity. Because of the tremendous 
wealth of data available from these pro- 
grams, only typical results will be pre- 
sented. For security reasons all data is 
presented in a nondimensional form. 


FJ-4 Development Program 


A prototype horizontal stabilizer was 
installed on an FYJ-4 aircraft. The 
second,third and fourth symmetric em- 
pennage modes were excited with rocket 
motors. Transient responses were ob- 
tained on the ground as well as at four 
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FJ-4 symmetric empennage in-flight vibration test. 


different flight speeds at a constant 
altitude. 

Figs. 8a and 8b show the frequency 
and damping vs velocity for the FJ-4 
prototype horizontal stabilizer as ob- 
tained experimentally and as predicted 
from two-dimensional, incompressible 
strip theory with a three-dimensional 
lift curve slope. The first mode and the 
control surface rotation modes were not 
excited intentionally in this flight pro- 
gram. Fig. 8a shows the quality data 
that was obtained from the response of 
these modes to other modal excitation. 
Fig. 8b shows that measurably better 
response was obtainable when more 
optimum excitation was employed. It 
should be noted that the data analysis 
techniques employed in this develop- 
ment program utilized less sophisticated 
techniques than were ultimately availa- 
ble for the A3J-1 program. As noted in 
the previous section all dampings greater 
than g = 0.25 were not faithfully repro- 
duced. Further, the impulse shape and 
time constants employed in the early 
program were selected in advance of 
the study which optimized these pa- 
rameters. 

In spite of the lack of refinement, the 
correlation obtained was considered ac- 
ceptable. 


A3J-1 Flight Program 


An extensive in-flight vibration test- 
ing program was conducted on the 
A3J-1 to verify the aeroelastic design 
and to demonstrate the airplane’s flutter 
integrity throughout its design flight 
envelope. Transient excitation was pro- 
vided on all lifting surfaces. Modal 
frequencies and dampings were ob- 
tained with only occasional exceptions 
for the following modes at every flight 
point: 

(a) Horizontal stabilizer symmetric 
2, 3. 

(b) Horizontal stabilizer antisym- 
metric 1, 2, 3. 

(c) Vertical stabilizer 1, 2, 3 

(d) Wing symmetric 1, 2, 3. 

(e) Wing antisymmetric 1, 2, 3. 

During the build up, data was al- 
ternately obtained under the following 
conditions: 
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(a) Constant altitude—increasing dy- 
namic pressure and Mach number. 

(b) Constant Mach number—increas- 
ing dynamic pressure. 

(c) Constant dynamic pressure—de- 
creasing altitude and Mach number. 

Inasmuch as it is neither practical nor 
appropriate to present complete data 
from this program in this report, only 
typical flight results will be presented in 
comparison with the theoretical sub- 
critical predictions. The data has been 
suitably nondimensionalized for security 
purposes. Fig. 9 shows a comparison of 
the modal frequencies and damping of a 
typical mode for (a) constant altitude 
and increasing dynamic pressure, (b) 
constant Mach number and increasing 
dynamic pressure, and (c) constant 
dynamic pressure and varying altitude. 
Only plots for a single mode are shown. 
Similar agreement is shown in the other 
airplane modes investigated. These ex- 
perimental results are compared with 
theoretical subcritical response predic- 
tions. The results of a critical V-g flutter 
analysis of the entire airplane were trans- 
formed to a subcritical analysis by the 
techniques described in the preceding 
section. Quasi-steady aerodynamic de- 
rivatives were obtained from a combina- 
tion of theory and experiment. The 
measured transient response data was 
processed by the methods described in 
Section IT. 


In studying the correlation, it can 
generally be concluded that the agree- 
ment between theoretical and experi- 
mental frequencies is somewhat better 
than between theoretical and experi- 
mental damping. The comments of the 
previous section should be recalled; 
namely, that the accuracy of the data 
analysis system is +0.2 cps and +10 
per cent on damping. 


(V) Conclusions 


(1) For manned flight vehicles in 
which aeroelastic considerations have 
directly influenced the design, an in- 
flight vibration test program is an 
absolute necessity. 

(2) In-flight vibration testing should 
only be used to verify the results pre- 
dicted by a careful analytical and ex- 
perimental program. It should never be 
used as a substitute for a comprehensive 
analytical program. 

(3) Sinusoidal excitation is an appro- 
priate tool for in-flight vibration testing 
of larger aircraft in which the critical 
aeroelastic design condition is en- 
countered in nontransient flight condi- 
tions. 

(4) “Stick-banging’” and ‘“‘rudder- 
kicking” are useful techniques for un- 
sophisticated aircraft and control sys- 
tems. It must be known beforehand 
that this technique will excite the critical 
mode. 
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Fig. Ya. A3J in-flight vibration test results 
(constant altitude). 

Fig. 9b. A3J in-flight vibration test results 


{constant Mach number). 


| 
Fig. 9c. A3J in-flight vibration test results 


(constant equivalent air speed). 


(5) The use impulsive excitation 
has been developed to the point that it is 
a practical tool for conducting in-flight 
vibration tests on small, high-perform- 
ance aircraft encounter their 
critical aeroelastic design condition in 
transient flight conditions. 


which 


(VI) Recommendations 


Although the techniques described in 
the foregoing are completely adequate 
to conduct an in-flight vibration test, 
further developments would significantly 
increase the efficiency of the test pro 
gram as follows 

(1) Whereas all efforts were directed 
in the development of the current tech- 
niques toward increasing the purity of 
the modal response, a reasonable exten- 
sion of this technique would be an at- 
tempt toexcite all modes simultaneously. 
By location of the rocket motors at a 
point common to the antinodes of the 
modes of interest, this could be easily 
accomplished. Such a technique would 
have the advantage of reducing the 
flight time, cost of rocket motors, and 
data-analysis time markedly. In order 
to achieve this result, further refine- 
ment and improvement of the data- 
analysis techniques would be required. 
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(2) Generally, improvements in the 
data-analysis equipment and _ tech. 
niques would substantially reduce the 
analysis time and could further reduce 
the data scatter. 
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Weapon Systems 
(Continued from page 15) 


Parameters 


Having noted some of the factors in- 
volved and methods of combining them, 
it is appropriate to discuss them in more 
detail. These are the inputs to the 
model and often are estimates of future 
performance so that their validity may 
be uncertain. The first parameters— 
deployment, operability, and _ relia- 
bility—are relatively simple in that they 
depend on United States technical and 
operational capabilities. It is necessary 
to define these terms carefully in order 
to prevent overlap—for example, it is 
important to establish to what extent 
back-up weapons will be considered in 
these terms. 

Survivability may be regarded as one 
minus the kill-probability resulting from 
the enemy attack. However, this can 
become an extremely difficult problem 
to evaluate in a model where there are 
mixed weapons in the attack, the arrival 
times of the weapons are not simul- 
taneous, the amount of warning availa- 
ble is variable, the estimate of the enemy 
threat—both technical performance and 
quantities—is uncertain, and the alloca- 
tion is unknown. Relative to the prob- 
lem of enemy weapon allocation, it may 
appear logical to use a marginal gain 
method. In this method, the enemy 
assigns his weapons to strike the most 
dangerous of our weapons first, until 
the value of that particular weapon is 
reduced below the danger of the next 
weapon. As an illustration, a bomber 
carrying large nuclear weapons is a more 
lucrative target than a small ballistic 
missile. However, problems arise when 
other aspects of the ‘‘value’”’ are con- 
sidered. Using the same illustration, 
the small ballistic missile might be con- 
sidered a more dangerous threat because 
the enemy may feel that the penetra- 
bility of the bomber through his defenses 
may be quite low. In effect, such a mar- 
ginal gain method uses as a value indi- 
cation the weapon index formula given 
above. Since it is difficult to estimate 
bomber penetrability and missile relia- 
bility among other things, a strict mar- 
ginal gain method is not so advantageous 
as would appear at first glance. 

For an active enemy defense, pene- 
trability also may be simply conceived 
from the following expression: 


P=1-—-TVK 


where 7 is the probability of detection, 
V is the probability of conversion, and K 
is the probability of kill by enemy defen- 
sive ordnance. (Conversion refers to the 
steps involved in going from a detected 
target to an aimed-at target—for 
example, this might include the vector- 
ing of a manned interceptor by ground 
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radar control to the point where his air- 
borne radar can lock on.) As with the 
case of the analyses of survivability, the 
analyses of penetrability can become 
quite complex when multiple attackers 
and defenders are engaged in combat 
under various operational assumptions. 
If the enemy defense includes passive 
techniques—e.g., electronic counter- 
measures in an air defense problem—an 
estimate must be made of the degrada- 
tion in U.S. weapon effectiveness. 

Single-shot kill-probability K, may be 
expressed as 


K, = 1 — Exp (—R?/1.44 CEP?) 


where R is the radius of effect of the 
weapon, and CEP is the circular probable 
error—that is, the radius inside of which 
50 per cent of the weapons are expected 
to fall. The radius of effect may be 
determined, knowing the warhead weight 
and yield, by reference to weapons ef- 
fects manuals.‘ In general, for nuclear 
weapons, the blast radius is propor- 
tional to the cube root of the yield. 
For air defense problems, the expression 
must be modified for detection and con- 
version capability and consideration 
given to various defenses located in 
series or parallel. Variations of this for- 
mula allow for distributed weapons ef- 
fects, large target sizes, and weapon im- 
pact offset from target center (for 
analysis of target complexes). 


Costs 


The area of costing is an entire field 
of study in itself. It involves considera- 
tion of what items to include in the cost 
analyses, what are the levels of these 
items, and how should the costs be as- 
sembled. It is important that compara- 
tive costs be determined and assembled 
on a standard basis. One measure of 
cost is “the effective annual cost per 
organizational unit’? (per squadron or 
per battalion, for example). This cost 
technique determines the initial invest- 
ment cost of the various components 
and then amortizes the component costs 
over the various lifetimes. To this 
initial investment cost is added the an- 
nual operating cost of the system. 
Another cost measure is “‘the average 
annual capabilities cost.’’ This cost 
takes the cumulative annual cost of the 
entire program and divides it by the 
number of organizational units which 
are—or will be—operational in the time 
period of the analysis. Each measure 
has its advantages and disadvantages: 
The effective annual cost per organiza- 
tional unit may be fairly uniform over 
the life of the system but has the short- 
coming that it is difficult to determine 
and secure agreement on the lifetime of 
the components. On the other hand, 
the average annual capabilities cost 
has the advantage that it is relatively 
easy to establish the cost up to the time 
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period of the analysis but has the dis- 
advantage that, in the first years of 
operation, a weapon system is expensive 
because the number of units operational 
is very small. 

Alternatively, only incremental cost 
may be considered. In this instance, 
not a whole program is costed but only 
an additional element. Typically, a 
budgetary level has been established and 
this amount of money can be expended 
for system ‘‘A’’ or system ‘B,”’ both 
of which are under procurement already. 
The problem is: Which gives the more 
effective utilization of the funds over 
and above the basic level? In the case 
of small weapons or small weapons sys- 
tems, a much more limited approach 
may be employed. For example, only 
ordnance costs or ordnance-plus-logistic- 
plus-direct-operating costs for a par- 
ticular strike may be considered. The 
cost of the entire back-up support, the 
cost of research and development, and 
the like, are omitted. This procedure 
considers cost only during wartime and 
thereby neglects peacetime mainte- 
nance. As tothe matter of what items of 
these systems should be included, 
typically the weapon itself, the support 
equipment (both logistic and electronic), 
the facilities, and the personnel are 
costed. 


Limitations 


As can be envisioned, there are 
several problems involved in making 
operations analyses. There is the prob- 
lem of reliability of sources, of the 
validity of data, of the confidence limits 
associated with the various probabilities, 
and of realistic model selection. Usually 
there are some significant unknowns, as, 
for example, the extent of combat deg- 
radation to be expected or the inter- 
action of offensive and defensive elec- 
tronic countermeasures. 

A good procedure for optimizing the 
output of the analysis in view of the 
limitations and unknowns is as follows: 
After determining the significant pa- 
rameters, an estimate is made of the 
ranges of these parameters. Using 
average values, trial runs are made of 
the model to establish the key variables 
and the sensitivity—i.e., does a small 
change in the variable make a large 
change in the effectiveness? As more 
and better data are gathered, the model 
is recycled for greater sophistication. 
Alternate types of models may be em- 
ployed to check on the model sensitivity. 
Occasionally the analyst is fortunate 
enough to make a successful limit in- 
vestigation. In this case, the best of 
one system turns out to be inferior to 
the worst of another system; therefore, 
the second is obviously the choice. 
However, usually the outcome is not 
clear cut, and, consequently, a matrix 
of results must be determined depend- 


January 1961 


ing on various assumptions and cond 
tions. Another technique is to use 

series of curves based on the maj 
variable. For illustration, the cost-ef 
fectiveness index may be plotted as 

function of survivability when compa 
ing fixed and mobile attack systems 
In these circumstances, the decision 
maker is left to judge the condition mog 
likely to be encountered in practice. 


Value 


Because of its staff role, the opera 
tions analysis group is in a position 
furnish reasonably unbiased informatiog 
criteria, logic, and recommendations fe 
decisions. Each of these features ca 
have utility per se, and the combinatio 
can be quite helpful. Ideally, a stud 
results in specific recommendations fo 
the decision-maker. However, ofte 
the best that can be done is to raig 
pertinent questions and perhaps indica' 
the areas where more data or tests ai 
required. 

Weapon effectiveness is simply o 
aspect of the general field of operations 
analysis. The illustration has empha 
sized kill-capability since this is thé 
ultimate purpose of a weapon syste 
However, one should not overlook thé 
fact that operations research can furnish 
valuable insights into factors contribut 
ing to this—e.g., optimum search an¢ 
information-gathering techniques, bar 
rier efficiency, etc. Such an analytica 
tool has many benefits including quanti 
tative measures of critical events and 
times. 

Simply tabulating significant factors 
and parameterizing them to show sensi- 
tivity is revealing. By pointing out key 
advantages and disadvantages, the 
reader is in a better position to obtain a 
“feel” to judge all of the items. Ordi- 
narily, a study furnishes a perspective to 
indicate a trend. The recommendations 
could be manifest, but these frequently 
need lucid justification. For example, 
it may be quite apparent that the 
bomber would get killed but the key 
question is whether he would get killed 
before he released his weapons? 


Conclusions 


It may be concluded that: 

(1) Elementary and complex tech- 
niques have been developed for analyz- 
ing quantitatively the relative worth of 
comparative weapon systems. It is 
necessary to choose the most applicable 
model for the particular problem. 

(2) It is important to determine which 
inputs are vital and, perhaps, uncertain, 
with the consequent need for a sensi- 
tivity study. 

(3) The qualitative aspects of the 
weapon systems must not be neglected. 
Even though these are not amenable to 
numerical analysis, they may be over- 
riding. 
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He solved this puzzle 
by taking it apart! 


Like oil and water, extreme preci- 
sion and “complete” mobility resist 
combination in tracking radar an- 
tennas. Designing for one of these 
characteristics “automatically” pre- 
cludes the other. That was this AMF 
Engineer’s puzzle—to put both pre- 
cision and mobility in an antenna 
for duty with the Marine Corps. 

He solved the puzzle, literally, by 
taking apart the solution—AMF’s 
TPQ-10 antenna—into 10 rugged, 
portable, submersible, precision- 
fabricated packages. TPQ-10 is de- 
signed for helicopter transport. Each 
component can be dropped in water; 
it will come up for more. The pack- 
aged antenna on its pallet can be 
dropped on land from 3 feet without 
impairing precision. 

Each component can be picked up— 
the largest weighs 425 lbs.—and can 
be handled by 3 men. A crew of 6 
can put TPQ-10 together in 20 min- 
utes with one standard wrench. 

Among the design innovations 
that solved the puzzle is a “piggy- 
back” gear arrangement that puts 
both azimuth and elevation drives in 
one package. Result: almost half the 
parts and weight of separate compo- 
nents. Precision fabrication is typi- 
fied by the reflector arms, held to a 
.005” deviation over 45 inches! 
(For unclassified information on early 
warning and radar antenna systems, 
write Dept. CS 1, address below.) 


Single Command Concept 


Solving puzzles with next-to-im- 
possible conditions is AMF’s busi- 
ness. AMF’s imagination and skills 
are organized in a single operational 
unit offering a wide range of engi- 
neering and production capabilities. 
It accepts assignments at any stage 
from concept through development, 
production and service training, and 
completes them faster...in 
* Ground Support Equipment 
WeaponSystems-Undersea Warfare 
* Automatic Handling & Processing 
Range Instrumentation Radar 
* Space Environment Equipment 
* Nuclear Research & Development 

GOVERNMENT PRODUCTS GROUP 
AMF Building, 261 Madison Avenue 

New York 16, N. Y. 


engineering and manufacturing AMF has ingenuity you can use... 
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(4) Operational analyses can have 
significant value in furnishing relatively 
unbiased data, reasonable criteria, logi- 
cal investigation, and pertinent recom- 
mendations for the decision-maker. 
However, the limitations should be well 
recognized. 
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Thermal Radiator 
(Continued from page 17) 


ponent is worthy of effort. However, 
insofar as such weight-savings are 
affected by the choice of the thermo- 
dynamic cycle, which is the subject of 
this discussion, the radiator design de- 
serves the most consideration. The 
weights of the turbine and, certainly, the 
generator depend only on the net power 
generated. The reactor weight is not 
strongly affected by variations in the 
thermodynamic cycle—that is, it is 
insensitive to the gross amount of power 
withdrawn. Thus, the procedure seems 
clear—at any net power level where the 
radiator weight rivals or predominates 
over that of any other component, the 
thermodynamic cycle should be chosen, 
within the limits of feasibility, to pro- 
duce the minimum radiator weight. 
Correspondingly since the weight of a 
conventional tube radiator is intimately 
linked to its radiating area, the area-to- 
power ratio should be minimized. 

This criterion leads to two pertinent 
observations. First, condensing cycles 
require far less radiator mass than non- 
condensing cycles. Second, the heat- 
rejection temperature for the minimum 
radiator area and mass varies with the 
turbine-inlet temperature. At a tur- 
bine-inlet temperature of 2,500° R., 
the optimum heat-rejection temperature 
is about 1,800°R. Assuming typical 
power-plant component efficiencies, 800 
sq.ft. of radiating area will support a 
net power of 1 mw. With a 2,000°R. 
turbine inlet, the optimum heat-rejection 
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temperature is about 1,500°R. At this 
operating condition 1,950 sq.ft. are 
required to yield 1 mw. of net power. 
The radiator area must be increased 
markedly if the heat-rejection tempera- 
ture is somewhat more or less than the 
optimum value (see Appendix A). 
Thus, it is clear that not only a high 
turbine-inlet temperature but also a 
correspondingly high heat-rejection tem- 
perature are required to keep the weight 
of the conventional radiator within 
bounds. 

It will be shown (Appendix B) that a 
new type of thermal capacity radiator, 
called a ‘‘belt’’ radiator, is optimized 
with respect to the weight of the system 
at a somewhat lower condenser tempera- 
ture than is a conventional radiator. 
In addition, unlike the tube-and-header 
type, its weight is not closely related to 
the required area of exposure to radia- 
tion. 

Several schemes have been investi- 
gated to reduce the weight of conven- 
tional tube-and-header radiators, all 
within an assumed range of meteoroid 


vulnerability. For a _ well-designed 
radiator by R. E. English, e¢ al.,) it is 
specified that the headers be thick 
enough to withstand all meteoroid 
encounters. The tubes, which are 


closely spaced between the headers and 
which constitute the radiating surface, 
are designed to have a small but signifi- 
cant probability of penetration. Thus, 
the tube walls are thinner than the 
header walls but more tubes are em- 
ployed than are required to dissipate the 
power-plant heat. In the event of a 
tube penetration, a small radiator sec- 
tion can be sealed off to prevent the loss 
of fluid from the system. The radiator 
for the 20-mw. power plant! rejects 63.6 
mw. from 14,800 sq. ft. of radiating area 
at 1,780°R. The radiator tubes weigh 
23,000 Ibs. and the total radiator weight 
is 44,000 Ibs., or about 3 lbs./sq. ft. of 
radiating area, when the material is 
stainless steel. Although the superior 
properties of beryllium are recognized! 
by these authors, it has not been speci- 
fied for their radiator design because of 
the uncertainty of its feasibility of 
fabrication and of its high temperature 
properties. If beryllium had been used 
for the radiator mentioned in reference 
1, with due consideration for meteoroid 
vulnerability, the weight would have 
been about half that of the stainless 
steel design, or 1.5 lb./sq. ft. of radiating 
area. 

D. P. Ross, et al.,? illustrate how the 
weight of a space radiator may be re- 
duced by utilizing fins that conduct heat 
from fluid-filled tubes and radiate the 
heat to space. The fins are unaffected 
by meteoroid penetrations so they may 
be made relatively thin. It is shown, 
however, that the fins provide much 
more opportunity for radiator weight 
reduction at low temperatures than they 
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do at the high temperatures required t¢ 
minimize the radiator weight for mw) 
power levels (see Appendix A). The 
fin length separating adjacent radiator 
tubes at 1,500°R. is given as about 1] 
external tube diameters? in order to 
minimize the tube and fin weight for! 
rejection of 200 kw. While such gj 
minimization might be meaningful for! 


the low power levels treated? in that in.77 


vestigation, any such tube spacing} 
would necessitate excessively long head. 
ers that would predominate over the} 


tube and fin in weight to such an extent? 


as to make such a minimization mean-/ 
ingless at high power levels. Indeed, it} 
is found! that, at 1,800°R. rejection} 


temperature, the lightest radiator sys-| 


tem employs tubes laid side by side 
shortest 
This is so despite} 


with no fins, and with the 
headers possible. 
the fact that the effective radiating 
area could be increased by about 30} 


per cent if adjacent tubes were separated/ 


by even as little as one tube diameter to)” 


relieve mutual occlusion 


tor. Another factor militating against 


the use of fins between widely spaced} 
tubes is that considerably more radiating § 
area is required than when the tubes are ff 
At high power levels this) 


tangent. 
would complicate the structural design 
problems, particularly those resulting 
from high accelerations encountered 
when the vehicle is being launched by a 


effects. Af 
design optimization study by R. Cornog* 
also indicates the preponderance of thef 
header in the conventional space radia-f 


chemical booster. 


W. R. Corliss‘ describes a power-plant 
cycle which employs a fissionable dust ¥ 
that acts as both an atomic energy @ 


source and a medium for transporting 9 


and radiating energy to a thermionic 
converter shell. About 10 per cent of 


the thermal energy received by the shell J 
is converted to electric energy and the © 
The 


remainder is radiated to space. 


object of such a system is to replace F 
the pressurized liquid or gas commonly 7 


used as the power-plant working fluid J 


by the dust which can be circulated by 
electrostatic forces rather than fluid 
pressure forces. In this way, the loss of 
working fluid caused by meteoroid 
penetration would be diminished. This 
advantage is irrefutable. However, for 
the same net power, the thermionic 


converter shell would be about the same | 


size as a conventional power-plant 
radiator and would appear to be at least 
as heavy. 

References 1 through 4 point out the 
need for light space radiators. In the 
final analysis, however, conventional 
radiators can be no lighter than allowed 
by considerations for controlling mete- 
oroid damage. The uncertainty of 
meteoroid design criteria is pointed out 
by Bjork and Gazley,' wherein it is 
stated that a 1-m.? surface, 1-mm. thick, 
will be punctured sometime between 7 
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The Jet Propulsion Laboratory has been assigned 


arated unmanned lunar, planetary, and interplanetary 
eter to 
ts. & 
ornog? to contribute to mankind’s fundamental knowledge 


exploration. The objectives of this program are 


of the of space and the space environment and to 
radia- 
gainst 
paced of space exploration. For the next ten years, as 


contribute to the development of the technology 


liating larger booster vehicles become available, spacecraft 
with ever-increasing scientific instrument 
payloads will be developed. 


The Jet Propulsion Laboratory will conduct the 


RANceR missions, utilizing these spacecraft to orbit and land 


SPACECRAFT on the moon, to probe interplanetary space, and to 
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weeks and 620 years. Their analysis® 
can be applied to the 1,380-m.? radiating 
surface for the 20-mw. power supply re- 
ported in reference 1. The side-by-side 
configuration of tubes in this radiator 
presents 7/2 as much material per unit 
area to resist meteoric penetration as 
would a flat plate of the same wall thick- 
ness, 0.025 in. Consequently, it can be 
shown that between 2 and _ 10,000 
meteoroids would be expected to pene- 
trate this radiator per year. Unless sub- 
sequent measurements of the probable 
frequency and energy of meteoroids in 
space and of the permeability of radiator 
materials and configurations to such 
energetic impacts proved that the lower 
predicted limit can be relied upon, the 
problem of sealing off damaged tubes 
would be insurmountable for such a 
radiator. 

The belt radiator does not confine a 
fluid and, thus, is not impaired by 
meteoroid penetrations. Consequently, 
it can be made thinner and markedly 
lighter than a conventional radiator. 
Furthermore, the belt radiator can be 
counted on for reliable operation even 
if it must be used before reliable esti- 
mates of probable meteoroid damage 
become available for various space 
missions. Furthermore, to insure the 
success of a mission against some cata- 
strophic collision which would destroy a 
tube-and-header radiator and which 
might even incapacitate the belt radia- 
tor, a spare belt or belt section could be 
carried with but a small weight penalty. 
To be sure, the belt radiator is not with- 
out its own problems. These problems 
appear to be solvable, however, and 
successful development of the belt 
radiator concept will offer a considerable 
advance in the science of space pro- 
pulsion. 


Discussion of the Belt Radiator 


The belt radiator depends upon the 
thermal capacity and radiative ability of 
a solid, belt-shaped member (or mem- 
bers) to replace the conventional header 
and tube assembly. Each belt element 
is heated either directly or indirectly 
by the waste heat from the power plant 
and then follows a closed trajectory 
through space until it is cooled to some 
designated temperature (Fig. 1). Inas- 
much as the belt moves continuously, 
the heat addition process begins anew 
for each element as the cycle is repeated. 
For operation at the same level of radia- 
tive power and mean temperature, the 
conventional radiator and the belt 
radiator require the same radiation ex- 
posure area. Whereas the interior tube 
surface does not contribute to the 
radiation area of the conventional de- 
sign, all of the belt surface is external 
and effectively radiates. Preliminary 
analysis shows that for equal tempera- 
ture and power levels the belt may 
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weigh less than an array of tubes by an 
order of magnitude. Another intrinsic 
advantage of the belt radiator is that 
no lengthy headers are involved because 
the cooled belt elements are continually 
being returned for reheat to a position 
close to the power plant. The mecha- 
nism required to transfer the heat from 
the power-plant working fluid to the 
belt may be either lighter or heavier 
than the belt, depending upon the final 
selection of design parameters. It ap- 
pears, however, that this mechanism can 
be made sufficiently light so that sub- 
stantial overall weight savings can be 
realized. Two mechanisms for trans- 
ferring heat from the power plant to the 
belt are described 


Belt Heated by Conduction 


In one configuration, suggested in 
reference 6, the proposed heat exchanger 
would consist of a rotating drum or other 
contact surface, which is heated either 
directly or indirectly by the waste heat 
of the power plant, and a long, thin, 
flexible belt (Fig. 1). The coolest por- 
tion of the belt contacts the hot drum, 
conducts heat from its surface, and 
stores the heat by virtue of the thermal 
capacity of the belt. The drum skin is 
made very thin so that it will rapidly 
transmit the heat from the working fluid 
to the belt. The drum is enclosed 
within a stationary shield that pro- 
tects it from meteoroids. 

The success of this scheme depends 
upon minimizing the contact resistance 
to heat transfer from the drum to the 
belt. It can be shown that the rate per 
unit area at which the belt conducts 
heat from the rotating drum is much 
greater than the rate at which it radiates 
to space. Consequently, the contact 
area between belt and drum is much less 
than the radiation area. The ratio of 
these areas, as well as the belt speed, 
could easily be controlled in flight to 
accommodate a range of drum tempera- 
tures and radiative power levels. Fur- 
ther, the aspect ratio of the belt could 
easily be made large enough so that the 
inner belt surface would occlude itself 
only to a negligible extent (Fig. 1), in 
other words, essentially the complete 
inner and outer belt surfaces would be 
effective radiators 


Belt Heated by Convection 


It is possible to contemplate a num- 
ber of variations of the foregoing scheme. 
For example, the contact surface may be 
eliminated and the waste heat trans- 
ferred directly to the belt by convection 
(Fig. 2). The belt element enters an 
enclosure wherein the average pressure 
would be on the order of a psi. The 
power-plant working fluid, or another 
convenient fluid if an intermediate heat 
exchanger is used, is forced by the ac- 
tion of a liquid pump to flow in con- 
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tact with the belt surface in a direction 
contrary to the belt motion. The fluid 
decreases in temperature from the con- 
densation temperature at the enclosure 
pressure to slightly more than the tem- 
perature of the belt element entering 
the enclosure. The fluid is then well 
below the condensate temperature. 
The fluid enters a pump and is ejected 
again into the enclosure through small 
orifices which atomize it; the result 
is a large heat-transfer area between the 
cooled condensate and the wet vapor 
that comes from the turbine exhaust. 
The wet vapor is continually being con- 
densed and is separated from the gase- 
ous fluid elements by means of centri- 
fuges. Part of the condensate collected 
in the centrifuges is returned to the re- 
actor or intermediate heat exchanger 
and part is recirculated against the belt 
for recooling and reatomizing. This 
part of the belt heat-exchange design, 
although not conventional, seems rather 
straightforward and no insurmountable 
problems are anticipated here. The 
convective heat-transfer rates of liquids, 
which would be used, are high and 
the required hardware can be compact 
and light. 

The success of the technique for 
directly transmitting the heat to the 
belt by convective heat transfer de- 
pends upon the degree of success in 
minimizing the loss of power-plant work- 
ing fluid from the enclosure. Conven- 
tional sealing techniques would be un- 
satisfactory. It would appear, how- 
ever, that the fluid loss can be made as 
small as desired if one takes advantage 
of the change of state of the working 
fluid. The following presentation de- 
scribes a typical scheme. 

After the belt temperature has been 
raised to slightly less than the condensa- 
tion temperature of the working fluid by 
the process described above, the belt is 
sprayed with a small amount of hotter 
working fluid tapped from an inter- 
mediate stage of the turbine. This 
tapped gas will become slightly super- 
heated when it expands directly to the 
enclosure which is at the turbine outlet 
pressure. This gas will raise the belt 
surface temperature, say 20° to 30°F., 
above the enclosure boiling-point tem- 
perature and force the liquid entrained 
on the belt to boil off. The belt element 
then passes between rounded guide 
lips on each side of the belt. These lips 
are separated by about one-thousandth 
of an inch more than the belt thickness. 
Thus, a small amount of gaseous work- 
ing fluid will escape from the main 
enclosure. The superheated jet sprays 
(Fig. 2) are pointed contrary to the ¥jC¢ 
direction of belt motion, however, and 
by benefit of some ejector action the 
loss of fluid through the guide lips can 
be made very small. 

However, since even a small loss 
from this arrangement is found to be 
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nal In technology and facility, Vickers 
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Auxiliary power units pioneered for aircraft 


wr turbine starting by Vickers combine high effi- 
ase- ciency with minimum size and weight for the 
itri- power delivered. Because starter characteristics 
pa are closely matched to engine requirements, 
wer they provide smooth, steady acceleration of the 
belt engine through the firepoint range giving the 
This best possible chance of proper “lighting off” 
- and avoiding aborted starts. 
we Dual-purpose units developed by Vickers as an 
The outgrowth of pioneering work in hydraulic start- 
1ids, ing offer further benefits in weight saving. These 
— units are used as a motor in engine starting, as cane 
ait a pump to supply accessory power during 
for normal operation. Reduced cost and ground 
the support requirements plus increased versatility 
de- and simpler remote area operation are other 
es: major benefits. Write for Bulletin A-6001. 


PROVED PERFORMANCE of hydraulic starting 
for jet engines is demonstrated by this cart that 
has performed more than 2,500 trouble-free starts 
in a 2-year period. Cart size is due to divergent 
requirements of three different engines. Prime 
mover power requirement is only 25% of that 
needed for other starting methods due to inherent 
high efficiency of the hydraulic transmission. 


JET PROP STARTING demonstration uses engine-mounted 
starter motor and ground cart power supply. Starter cutout 
speed of approximately 8,000 rpm was reached in 34.5 to 
40 seconds during series of observed test starts. 


MULTI-PURPOSE PUMP MOTOR (left) is pump 
when driving hydraulic starter becomes motor 
during normal flight to drive 15 KVA generator. 
HELICOPTER STARTER (right) is 35 hp unit, 
starts 1,900 shaft hp engine readily. 
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intolerable for extended periods of 
operation, the loss must be further re- 
duced by placing a second cavity or 
labyrinth atop the main enclosure. 
The pressure within this cavity would 
be held to an order of magnitude less 
than that in the main enclosure, and the 
small amount of fluid left on the belt 
from the main chamber would ‘‘flash 
boil’ in the second chamber. The 
walls of the second chamber are main- 
tained at several hundred degrees below 
the condensation temperature of the 
main chamber by circulating a small 
amount of the coldest condensate from 
main enclosure through the walls of the 
second chamber (Fig. 2). Thus, the 
fluid that boils off the belt will condense 
on the walls of the second chamber 
where it may be collected and pumped 
back to the main chamber. The loss of 
fluid through the second set of guide lips 
would be extremely small. 

If the loss over a period of months or 
years is still objectionable, another 
chamber would be placed atop the 
second chamber. The action in this 
third chamber would be similar to the 
second; however, the condensation 
cooling load here would be so small that 
the walls could easily be cooled by 
radiation to low temperatures, say 500° 
R. The vapor pressure within this 
chamber would be on the order of 1077 
to 10~” atmospheres for sodium or 
mercury and the loss through the third 
set of guide lips would be small enough 
for any mission in the solar system. 

Losses at the belt inlet to the main 
chamber could be treated in a similar 
manner. However, a small cavity of 
liquid here would perhaps act as an 
excellent seal, since the viscous entrain- 
ment action of the belt would be such as 
to draw the liquid from the liquid cavity 
into the main chamber. 


Belt Driven by Electric Power 


The geometry of the belt radiator is 
such that it is ideally suited to act as a 
motor armature. It is proposed that an 
electric current be passed through the 
width of the belt. Pairs of electro- 
magnets placed on each side of the belt 
at several different positions across the 
width would then drive the belt in an 
easily controlled manner without the 
wear associated with the friction drive. 
Preliminary calculations show that elec- 
tric energy in the amount of one-half per 
cent of the heat rejected will be required 
to drive the belt. This energy, of 
course, is associated with the viscous 
drag of the belt passing through the heat- 
transfer fluid in the enclosure. 


Analysis of the Belt Weight 


Neglecting the weight of the small 
portion of the belt in contact with the 
heat-exchange mechanism at any time, 
one can express the rate of heat loss 
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from the belt in terms of the change of 
its heat content and the belt cycle time 
as 


ge = Wac T,[1 —(T2/T:)] V/L (1) 
where Wz is the weight of the belt, cis its 
heat capacity, (T; — T>») is the tem- 
perature change it experiences, V is the 
speed with which the belt circulates, and 
L is the length of its loop. The belt 
must radiate energy at the same rate q, 
so that 


qr 2DLeo T* (2) 


where D is the belt width,* 2D is the 
effective radiating perimeter of the 
belt cross section, ¢ is the belt surface 
emissivity, o is the Stefan-Boltzmann 
constant, and the mean belt tempera- 
ture is defined by 


| 1/4 
f | | 
/0 L 


T being the instantaneous temperature 
of an element of length dl. 

Regardless of the rate of heat dissipa- 
tion and the size of a belt radiator, it is 
reasonable to suppose that its aspect 
ratio (R)—i.e., the ratio of its length 
to width is more likely to be invariant 
than are either of its separate dimen- 
sions. In order to investigate a 
range of examples, the aspect ratio is 
introduced as a parameter and the belt 
weight is found from Eqs. (1) and (2) to 
be 


Ws = — 


Now, it is shown in Appendix C that 
T =7,{3[1 — + 
[(T2/T1)-§ — 1]}*/* (5) 
Eq. (4) now becomes 


Ws, = - 
beo 


— 1] 

(1 — 
(6) 
The belt radiator is subject to two 
different temperature optimizations. 
One is in connection with its operation 
as part of a power-plant cycle and in- 
volves the interrelation between the 
heat-rejection temperature and the rate 
of heat rejection g,. This interrelation 
is discussed in Appendix B. The other 
temperature variation is concerned 
solely with the operation of the belt and 
involves the ratio of the minimum-to- 
maximum temperatures (72/7T,) which 
the belt is allowed to experience, accord- 
ing to its design. This optimization is 
discussed forthwith. The only link 
between these two optimization pro- 
cedures is the magnitude of the power- 


* If the belt is composed of several sec- 
tions placed side by side, the total belt 
width is the subject here. 
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plant heat-rejection temperature and 
of the maximum belt temperature 7, 
Although the former will actual 
exceed the latter by 20° or 30°F., the 
two temperatures are assumed to hk 
equal, with no loss of accuracy in the 
following analysis. 

It can be shown that, with the othe 
parameters fixed, there exists a tem 
perature ratio (72/7\)—viz., 0.54~ 
which minimizes the belt weight as ex. 
pressed by Eq. (6). However, if thi 
temperature ratio is employed, the belt i 
impractically thin in many interestin 
cases. As the choice for 7, increase 
above 0.54 7), the required belt are 
decreases (because the effective radiating 
temperature 7 increases), but it can b 
shown that the belt thickness increase 
at a faster rate so that the weight in 
creases. Concomitant with the are 
decrease, however, is a decrease of the 
belt width which permits a more com 
pact and lighter mechanism for trans 
ferring waste heat to the belt. Pre 
liminary investigation indicates that th 
weight of the belt radiator system is : 
minimum when (72/7\) is about 0.8 
For this choice, Eq. (6) becomes 


4.45 
Ws = (7 
cT;3 V V eo 
If the belt emissivity « = 0.9, the belt 
weight in pounds is then given by 


2.009,3/2V R 


“\ 100 / \ 1,000 


where g, is in mw., ¢c in B.t.u./lb.°F. 
V in ft./sec., and J,in °R. 

Before the respective weights of the 
two alternate radiator systems can be 
compared, it is necessary to appreciate 
their respective scaling laws. The 
weight of a tube-and-header radiator i: 
virtually proportional to the required 
radiating area. The weight of the 
belt radiator system, on the other hand 
is governed by more complex scaling 
laws. The weight of the belt alone i 
seen [Eq. (8)] to depend upon severa 
independently chosen variables. Thi 
fact makes it difficult to compare con 
ventional and belt radiators directly 
In the final analysis, it must be remem: 
bered, the radiator is only part of : 
power plant. If the ratio of radiata 
weight to net power is to be minimized 
which is the primary object here so lon; 
as the meteoroid vulnerability criterion 
is satisfied, the radiator must be ané- 
lyzed not singly, but as it influences tht 
composite power-plant cycle. 

It may be observed from Eq. (8) that 
there are one geometrical paramete! 
(AR), one material property (c), and ont 
operational parameter (V) that affec! 
the belt weight. These parameters art 
selected to yield the lowest overal 
radiator weight consistent with struc 
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ind LONG RANGE IN PUT / 1 794 /news of the recapture of Condé from the Austrians was sped to 


lly the French Revolutionary Convention at Paris in a matter of minutes via Claude Chappe’s amazing télégraphe aérienne, or relay 
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to the critical specifications required in various aerospace and surface roles vital to our National Defense and to scientific 
ex achievement. An example is ALRI—Airborne Long Range Input—a program where ECI communications and data link equipment fill 


Iti an integral and essential requirement in linking USAF’s advanced early warning system to SAGE—our continental defense network. 


‘om 

ans 

Pre 

th 

is 

0.8 

bel 

°F, 

the 4 
n b System 

Development 

ciate 

The Communications 
or i Data Link 
uired Countermeasures 

the Computers S 

Actuators 5 
-aling 
me 
vera 
This 

con 
ectly ELECTRONIC COMMUNICATIONS, INC. 5 
mem ST. PETERSBURG, FLORIDA = 
of 3 
liator = 
nized 2 
» long RESEARCH DIVISION 5 
rerio! Timonium (Baltimore), Maryland 

amd ADVANCED TECHNOLOGY CORPORATION (ADTEC) 2 
es the Santa Barbara, California a 
) that 
mete! 
d one 
affect : 
rs are 
yveral REGIONAL OFFICES: Washington, D.C., Teterboro, N.J., Boston, Mass., Dayton, 0., Dallas, Tex., No. Hollywood, Calif. E 


January 1961 ¢ Aerospace Engineering 53 


struc 


tural limitations, but in no way do they 
influence the thermodynamics of the 
power cycle. The rejected power-plant 
heat g, and the temperature of heat 
rejection (approximately 7), how- 
ever, enter directly into the cycle anal- 
ysis. If a net power and a maximum 
cycle temperature—viz., at the turbine 
inlet—are specified, the rejected-heat 
and rejection-temperature factors in 
Eq. (8) are interrelated. Appendix 
B treats this relationship and illustrates 
the procedure for minimizing the ratio 
of belt weight to net power. These re- 
sults are plotted in Fig. 3. It must be 
emphasized, as in the case of selecting 
the belt temperature ratio (72/7), that 
the optimum heat-rejection tempera- 
ture 7, for minimizing the belt weight 
does not necessarily minimize the weight 
of the composite radiator. 

In Appendix A, a procedure is set forth 
for minimizing the ratio of the weight 
of a conventional tube-and-header radia- 
tor to the net power, based on the as- 
sumption that the weight is proportional 
to the radiation area. The results are 
shown in Fig. 4. The influence on the 
power cycle of an inefficient reaction 
motor coupled to the output of the 
generator is shown in Fig. 5. 

From Figs. 3 and 4 it may be seen 
that the conventional- and belt-radiator 
weights are not minimized at the same 
heat rejection temperature for a given 
turbine inlet temperature. Thus, it is 
unfair to compare the two types of 
radiators on the basis of a specified 
temperature and heat rejection rate. 
Moreover, aside from power cycle 
coupling effects, the weight  varia- 
tions associated with conventional radia- 
tors are mainly the result of minimizing 
the radiator-wall thickness while main- 
taining some degree of meteoroid in- 
vulnerability; whereas, the weight of the 
belt radiator is a function of velocity, 
aspect ratio, specific heat, and belt-tem- 
perature ratio (72/7). At the time of 
this writing, practical limits for these 
parameters have not been investigated 
fully. A belt speed as high as several 
hundred feet per second or an aspect 
ratio as low as about unity would result 
in a belt weight of only 1,000 Ibs. for 
generated power as high as 20 mw. Such 
a choice of design parameters, however, 
would result in a very thin belt, on the 
order of one or two thousandths of an 
inch, which obviously would not be 
practical. The choice of materials or 
laminates for belt construction has not 
been extensively investigated, although 
it would appear that stainless steel, 
which has a heat capacity of about 0.15 
B.t.u./lb.°F. in the temperature range 
of interest, would represent a lower limit. 
It is possible that the belt may be coated 
with a laminate of high heat capacity. 
If beryllium—the heat capacity of 
which is about 0.6 B.t.u./Ib.°F. in the 
temperature range of interest—were 
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| TURBINE EFFICIENCY 2, = 0.85 


| 
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Fig. 3. Weight of the belt component of a belt 
radiator for various power-cycle temperatures. 


RADIATING AREA 


2500°R 


1300 1400 «1500 160 800 1900 2000 «2100 ©2200 
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Fig. 4. Radiating area and weight of a 
tube-and-header radiator for generation of 
electric power on the mw. level. (A condensing 
fluid power cycle and a stainless steel radiator 
are assumed. A beryllium radiator with the 
same meteoroid vulnerability would weigh half 
as much.) 


used, it would result in an extremely 
low belt weight. The variation of belt 
configuration with the temperature 
ratio (72/T,) has already been discussed. 

From the foregoing discussion one 
may appreciate the fact that compre- 
hensive design of a belt radiator would 
entail selection of many variables. In 
the first place, the choice of some of these 
variables depends upon selection of the 
belt material which, as yet, has not 
been adequately studied. Second, a 
discussion of all such variables, while 
of interest to the belt analyst, would 
only confuse the issue of comparison 
between a belt and a _ conventional 
radiator. Thus, for direct comparison 
purposes at the time of this writing, 
conservative assumptions have been 
applied to all belt parameters. More- 
over, the rejected-heat rates and heat- 
rejection temperatures are normalized 
at the optimum rejection temperature 
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Fig. 5. Effect of reaction motor efficiency on 


conventional radiator size. 
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(1,700°R.) of a conventional radiator 
operating in conjunction with a power 
plant with a turbine-inlet temperature 
of 2,250°R. Such a comparison is 
simple and direct. However, it must be 
appreciated that the belt radiator is 
operating about 300°F. above its 
optimum temperature and that it is 
perhaps 30 per cent heavier than it need 
be (Fig. 3). Nonetheless, despite all 
such conservatism, the marked weight 
advantage of the belt radiator is demon- 
strated in Table 1. Moreover, it may 
be observed that the number of mete- 
oroid penetrations for a given configura- 
tion and mission can be predicted only 
within wide limits. Unless the degree 
of uncertainty can be diminished and 
the true number can be found near the 
the minimum contemplated, the con- 
ventional radiator must have thicker 
walls and greater weight. 

The method chosen for evaluating for 
Table I the weight of the mechanism 
for heating the belt is by convection, as 
outlined in Appendix D, rather than 
by conduction through a rotating drum 

It may be observed that the tabulated 
belt-radiator designs are based on a 
specified velocity, aspect ratio, and 
belt temperature ratio. When these 
three parameters are held constant, the 
belt thickness decreases as the square 
root of the power level. This vari- 
ation is sanctioned to some extent 
because the required radiator area 
decreases at a faster rate, being di- 
rectly proportional to the power level. 
If the belt becomes impractically thin, 
then either the aspect ratio or the tem- 
perature ratio must be increased, or the 
velocity must be decreased. 

Another observation that can be made 
from Table 1 is that, although the re- 
quired radiating area of the belt sys- 
tem exceeds that of the conventional 
radiator, the developed area, which 
determines the radiator weights, is only 
half that of the conventional radiator. 


Conclusion 


The belt radiator provides a means of 
circumventing the meteoroid problem 
associated with the rejection of waste 
heat of space power plants. Another 
advantage is that, for power levels in 
the mw. range, the belt radiator may 
weigh only 15 to 25 per cent of a con- 
ventional tube-and-header radiator. 
Since, at these power levels, the con- 
ventional radiator is by far the heaviest 
single component of the power plant, 
large overall weight-savings in the power 
plant may be realized. The belt radia- 
tor does not require any long, massive 
headers because the cooled belt elements 
are continually being returned for re- 
heat to a position close to the power 
plant. In addition, the high inertial 
loads occurring during launching of 
large radiators would have little or no 
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effect on the belt system, whereas severe 
design problems would be encountered 
for a tube-and-header system. The belt 
radiator can be folded and/or rolled into 
cylindrical shape and allowed to flex 
harmlessly. 

The success of the belt radiator de- 
pends upon the reliability of the mecha- 
nism that transfers the heat from 
the power cycle to the belt. Those 
problems involved in engineering a belt 
radiator system appear to be solvable. 
It is clear that the solution of these prob- 
lems will result in a big step forward in 
the science of space propulsion. 


Appendix A: Minimum Ratio of the 
Weight of a Conventional 
Tube-and-Header Radiator to the 
Net Power (Generator) Output 


The net power output from the gen- 
erator is given by consideration of the 
Carnot cycle as 


Qn = Gel T; T,)/T: (Al) 


where q; is the rate at which energy is 
withdrawn from the reactor, 7; is the 
turbine-inlet temperature, and 7; is the 
heat-rejection temperature. The over- 
all efficiency 7 is the product of the tur- 
bine efficiency 7;, the generator efficiency 
n, and the ratio n. of the thermodynamic 


efficiency of the condensing cycle to the 
Carnot efficiency (J; — 71)/T;. 

If all unavailable energy is rejected 
by the central radiator, the amount of 
heat rejected is 


The area required to 
quantity of heat to space is 


radiate this 


A = q,/eo T;4 (A3) 


The ratio of radiating area to net power 
output is found from Eqs. (A2) and 
(A8) to be 


A _ 1 
dn 


(A4) 


The following numerical values for 
power-plant efficiencies have been arbi- 
trarily assigned: 


Turbine y, = 0.85 
Generator 7, = 0.95 
Condensing cycle 
Carnot 
Overall » = 0.727 
For a radiator whose surface emissivity 
€ = 0.9, the ratio of Eq. (A4) is given in 
sq.ft./mw. by 


A {1.38 T./(T; T;)] 


gn 0.460 (T/1,000)4 


x 108 
(A5) 


where the temperatures are in degrees 
Rankine. Eq. (A5) is plotted in 
Fig. 4 for the range of interest. It 
may be seen that the ratio of radiation 
area to net power is strongly dependent 
upon the heat-rejection temperature, 
particularly at lower turbine-inlet tem- 
peratures. 


To obtain an estimate of the radiator 
weight-to-power ratio, a close-knit array 
of circular stainless steel tubes, each 
with an 0.025-in.-thick wall, will be 
assumed. Such a wall thickness may or 
may not provide adequate protection 
against meteoroids. Such an array has 
a radiation area equal to twice the pro- 
jected area of the tubes. From simple 
considerations of tube geometry and 
density, it may be verified that the 
weight of such an array of tubes is 1.6 
Ibs./sq.ft. of radiating area. Further- 
more, when the tubes are contiguous, 
the header weight is about equal to the 
tube-array weight. Thus, an overall 
weight of 3 Ibs./sq.ft. of radiation area 
is assumed, which agrees exactly with the 
radiator design described in reference 1. 
The weight-to-power ratio (Ibs./mw.) is 
therefore 


Table 1. Typical Tube-and-Header and Belt Radiators 
Generator Power Output 5 10 20 mw 
Powerplant Conditions 
Turbine-Inlet Temperature (T, ) 2250 2250 2250 °R 
Heat-Rejection Temperature ( T,, optimized for the conventional radiator) 1700 1700 1700 °R 
Heat-Rejection Rate (q, from eq. (A2) with n= 0.727) 23.3 46.5 93.0 mw 
Conventional Tube-and-Header Radiator 
Isothermal Radiation Temperature (assumed equal to Tj) 1700 1700 1700 °R 
Radiating Area Required (A from eq. (A3) with € = 0.9) 6075 12,150 24,300 ft? 
External Surface Area of Tubes Laid Side by Side (Developed Area) 9550 19,100 38,200 ft2 
Minimum Number of Penetrations by Meteoroids Contemplated 0.5 ui 2 /year 
Maximum Number of Penetrations by Meteoroids Contemplated 2500 5000 10,000 /year 
Tube Wall Thickness - Stainless Steel 0.025 0.025 0.025 inch 
Weight of Tubes (1.6 1b/ft? of Radiation Area, Appendix A) 9750 19,500 39,000 1b 
Total Radiator Weight - Steel (3 lb/ft of Radiation Area, Appendix A) 18,220 36,450 72,900 lb 
Total Radiator Weight - Beryllium 9110 18,220 36,450 lb 


Belt Radiator 


Maximum Belt Temperature (assumed equal to T)) 1700 1700 1700 °R 

Ratio of Minimum to Maximum Belt Temperatures (T/T, ) 0.8 0.8 0.8 

Effective Radiating Temperature (T) 1516 1516 1516 °R 
Radiating Area (2DL from eq. (2) with € = 0.9) 9625 19,250 38,500 ft? 
Developed Belt Area (DL) 4812 9625 19,250 ft 

Belt Aspect Ratio (A ) 10 10 10 

Belt Width (D) 22 4a ft 

Belt Length (L) 220 310 4ho ft 

Belt Velocity (V) 100 100 100 ft/sec 
Heat Capacity - Steel (c) 0.15 0.15 0.15 Btu/lb °R 
Belt Weight - Steel (W, from eq. (8)) 956 2710 7670 1b 

Belt Thickness - Steel 0.005 0.007 0.010 inch 

Heat Capacity - Beryllium (c) 0.60 0.60 0.60 Btu/lb °R 
Belt Weight - Beryllium (eq. (8)) 240 680 1920 lb 

Belt Thickness - Beryllium 0.005 0.007 0.010 inch 
Weight of Heat-Transfer Mechanism and Enclosure (Appendix D) 1600 2260 3200 lb 

Total Radiator Weight - Steel 2566 4980 10,870 1b 

Total Radiator Weight - Beryllium Belt and Steel Enclosure 1850 2950 5120 lb 
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1.38 T; 


—1 
T; — T; 
-- a 10° (A6) 
0.153 
1,000 


which is also shown in Fig. 4. 


W 3A 


Fig. 4 illustrates the point that both 
high turbine-inlet and high heat-rejec- 
tion temperatures are necessary if the 
radiator weight is to be acceptably low. 
Since 2,250°R. is a feasible turbine-inlet 
temperature, it would appear unwise 
to design for anything less. The 
corresponding optimum heat-rejection 
temperature is about 1,700°R. 


One may consider the consequences of 
designing an aluminum radiator. How- 
ever, since its strength would fail above 
about 1,200°R., the required radiating 
area for the same net power will be about 
twice that of a stainless steel radiator 
operating at 1,700°R. Although alumi- 
num has only 35 per cent of the density of 
steel, the tube-and-header walls must be 
two or three times as thick for the same 
meteoroid protection. Thus, an alumi- 
num radiator would appear to afford no 
weight advantage over asteelone. The 
aluminum radiator operating at a lower 
temperature would require much more 
area and, from a structural and mechani- 
cal viewpoint, particularly during the 
high-acceleration vehicle-launch phase, 
would present greater complications 
than a smaller steel radiator. The com- 
petitive position of aluminum is changed 
if the maximum reactor and turbine-inlet 
temperatures are restricted to 2,000°R. 
or less. 


If beryllium could be used, the weight 
of the radiator would be about halved. 
It has only one fourth the density of steel 
but, for the same meteoroid protection, 
thicker tube walls would have to be 
employed. 


It is noteworthy that the optimum 
heat-rejection temperature depends 
upon the efficiency of the reaction motor. 
For example, if the reaction motor were 
50 per cent efficient and if its waste heat 
were rejected through the central power 
plant radiator, then the overall efficiency 
n would be halved. The ratio of radiat- 
ing area to net reaction power in sq.ft./- 
mw. would be 


2.76 T; 


—1 
x 103 (A7) 


et reaction 
0.460{ —- 
1,000 


Such an inefficient reaction motor, con- 
trasted to one with 100 per cent effi- 
ciency, would require more than twice 
the radiating area for the same pro- 
pulsive power and would increase the 
optimum heat-rejection temperature. 
This trend is shown in Fig. 5. 


Appendix B: Minimum Ratio of the 
Weight of a Belt Radiator to 
the Net Power (Generator) Output 


Analysis of the belt-radiator weight 
proceeds from the same assumptions 
made for the conventional radiator to 
obtain Eq. (A2), which for y = 0.727 is 


T; 


The heat-rejection temperature 7; is 
approximately the maximum belt tem- 
perature. From Eq. (8), the ratio of 
belt weight to generator power (lbs./- 
mw.) is found to be 


We 2.00V 


gn e(V/100) (7;/1,000)8 
3/2 
(B2) 
0.727 (T; — 


Therefore, the ratio of the belt weight 
at an arbitrary heat-rejection tempera- 
ture to the minimum weight for an opti- 
mum rejection temperature can be ex- 
pressed as 


3/2 
We _| 0.7277, —T) 7 


0.727 (T; Tiopt.) 


Tiopt. 
B3) 


This variation is illustrated in Fig. 3. 

The belt radiator is subject to two 
different temperature optimizations. 
One is in connection with its operation as 
part of a power-plant cycle and this 
variation is shown in Fig. 3. The other 
temperature variation is concerned 
solely with the operation of the belt and 
involves the maximum and minimum 
temperatures (7; and 7») which the belt 
is allowed to experience, according to its 
design. This variation is discussed with 
reference to Eq. (7). The only link be- 
tween these two optimization procedures 
is the magnitude of the power-plant heat- 
rejection temperature and the maximum 
belt temperature. For analytical pur- 
poses these two temperatures are as- 
sumed to be the same; actually the 
former will exceed the latter by 20° or 
30°F, 

It may be observed by comparing Fig. 
3 with Fig. 4 that the belt-radiator 
weight is minimized at a lower heat- 
rejection temperature than is a tube- 
and-header radiator. As the belt tem- 
perature is decreased, however, its area 
must increase. Consequently, for the 
same belt aspect ratio, the belt width 
would increase as would the width of the 
attendant heat-transfer mechanism. 
The weight variation associated with 
this mechanism may predominate over 
considerations of the optimum heat- 
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rejection temperature which minimizes 
the weight of the belt alone. 


Appendix C: Effective Radiating 
Temperature of the Belt 


The temperature of a belt element at 
any position can be determined as a 
function of the upper and lower tem- 
peratures of the belt. From this func- 
tional relationship the mean effective 
radiating temperature TJ can be deter- 
mined. 

The heat lost by each sq.ft. of belt 
can be equated to the heat radiated 
from the belt as follows: 


—whce dT = eoT‘ dt (C1) 


where dt is the differential of exposure 
time of a belt element, w is the weight 
per unit volume of belt material, and h 
is the belt thickness. The other sym- 
bols are defined in the text. 

Since dt= dl/V, one can write —dT/T* 
= ¢d(l/L) where ¢ = eoL/Vwhe, a 
constant for a particular belt-radiator 
design. Integration in the direction of 
belt motion from //L = 0, where T = 
T;, to any other station / gives 


T-3 — T,-3 = 3¢ (I/L) (C2) 


Atl/L = 1, where T = Ty, the relation 
is 


— = 3 (C3) 


Elimination of ¢ between Eqs. (C2) and 
(C3) yields 


-1/3 
= 
ni +[(F) 
(C4) 
The appropriate definition of the effec- 
tive radiating temperature T is given by 
Eq. (3) in the text as 


Substitution of Eq. (C4) and integration 
of Eq. (3) gives 


7, (5) 


Appendix D: Estimation of Weight 
of Heat-Transfer Mechanism 
and Enclosure 


The weight of the mechanism for 
transferring the heat from the power- 
plant coolant directly to the belt by 
convection is closely related to the 
heat-transfer rate between the belt 
and coolant. This rate dictates the 
belt area that must be wiped by the 
coolant which, in turn, must be enclosed 
within a structure of sufficient strength 
to withstand meteoroid damage. It is 
assumed here that the enclosure is 
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fabricated from stainless steel 0.125-in. 
thick. In addition, the enclosure is 
surrounded by a relatively thin, steel 
bumper which serves to fragmentize im- 
pinging meteoroids, thus improving the 
quality of protection against damage per 
unit of structural mass. 

The heat-transfer rate between the 
condensed coolant and the belt is deter- 
mined by means of the Martinelli and 
Lyon equation (page 73 of reference 7), 
stated as 


hD/k = 7 + 0.025 [(Re) (Pr)]°8 
(D1) 


where / is the film coefficient, D is twice 
the distance between the long con- 
densate channel plate and the belt which 
it parallels (Fig. 2), Re is the Reynolds 
number, and Pr is the Prandtl number. 

The properties of a sodium coolant at 
1,600°R., which is about the mean 
temperature of liquid sodium in contact 
with the belt, are given on pages 39 
through 43 of reference 7 as 


Density p = 50 lbs./ft.* 
Viscosity uw = 0.50 lb./hr. ft. 
Prandtl no. Pr = 0.004 
Thermal 


conductivity k = 38B.t.u./hr. ft.°R. 


If the distance separating the condensate 
channel plate from the belt is 0.25 in., 
then D=0.0417 ft. The flow velocity of 
the sodium within the condensate 
channel is only about 5 to 10 ft./sec. 
with respect to the fixed guide plate, so 
the wiping velocity of the sodium 
against the belt is assumed to be equal 
to the belt speed which, for the purpose 
here, is taken as 100 ft./sec. 

The Reynolds number Re of the 
sodium with respect to the belt is com- 
puted to be 1.5 X 10° The film co- 
efficient / is computed from Eq. (D1) 
to be 30,000 B.t.u./ft.2 hr.°R. or 9 X 
10—-* mw./ft.? sec.°R. 

The maximum belt temperature is 
assumed to be equal to the power plant 
heat-rejection temperature of 1,700°R. 
which is the temperature at which the 
sodium enters the condensate channel. 
The inlet belt temperature is the product 
of the belt temperature ratio (0.8) and 
the maximum belt temperature, and is 
equal to 1,360°R. The effective tem- 
perature difference between the belt 
and the coolant is assumed to be equal 
to the average temperature difference 
— 1\)/2 less about 20°—viz., 
150°R. 

From the heat-transfer rate and the 
effective temperature difference, the 
belt area required to transfer heat at a 


rate of 1 mw. is found to be about 0.74 
sq.ft. 

With reference to the case of the 20 
mw. power plant in Table 1 it may be 
observed that the heat-rejection rate is 
93 mw. For this case 69 sq.ft. of heat- 
transfer area are required. The width 
of the belt, from Table 1, is given as 44 
ft. Thus, utilizing both sides of the 
belt, 0.785 ft. of the belt periphery is 
sufficient to sustain the required heat- 
rejection rate 

To accommodate the hardware asso- 
ciated with the belt heat-transfer mecha- 
nism, it is assumed that the enclosure 
height (along the line of the belt pe- 
riphery) will be double the required heat- 
transfer area. Furthermore, the depth 
of the enclosure on either side of the belt 
is assumed to be one half of its height. 
Thus, for the 20 mw. case, the dimen- 
sions of the total enclosure (both sides of 
the belt) are 1.57 ft. deep and 1.57 ft. 
high and its width, about equal to that 
of the belt, is 44 ft. The weight of such 
a steel enclosure 0.125 in. thick is 1,420 
Ibs. 

The enclosure is undoubtedly the most 
massive component of the heat-transfer 
mechanism. The enclosure acts as a 
header and only short pipes are required 
to link the enclosure to the power-plant 
circuit. 

The enclosures for the evaporation 
seals or labyrinths, illustrated in Fig. 
2, are much smaller than the main 
enclosure. If their combined height is 
one half the main enclosure height and 
if their depth on either side of the belt 
is about | in., their total weight, assum- 
ing 0.125-in.-thick steel, is about 390 Ibs. 

The weight of a bumper that sur- 
rounds all enclosures, if constructed 
from steel 0.02-in. thick, would weigh 
about 210 Ibs 

The condensate guide channels, in- 
side of the main enclosure, are 0.785 ft. 
long and 44 ft. wide, are made of !/j¢-in. 
steel stock, and weigh about 90 Ibs. 
apiece. 

With assignment of a weight of 1,000 
Ibs. for the spray nozzles, supply lines, 
pumps, and centrifuges or separators, 
the total weight of the heat-exchange 
mechanism for the 20-mw. power supply 
is 3,200 lbs. The weight of the en- 
closures, bumper, and guide channels for 
lower power would, if sized in the same 
manner, be reduced in direct proportion 
to the power level. Other hardware, 
perhaps, cannot be scaled in the same 
way. To be conservative, it is assumed 
here that for lower powers in the mw. 
range the weight of the heat-transfer 


mechanism can be scaled as the square 
root of the power to be rejected. 

If beryllium were used for the en- 
closure instead of steel, the weight of the 
heat-exchange mechanism at the 20. 
mw. level could, with the same mete. 
oroid vulnerability, be reduced by about 
800 Ibs. 

If the belt were one continuous mem- 
ber, each side of the heat-exchange en- 
closure would have to span an unsup- 
ported distance equal to the width of the 
belt. Insofar as inertial forces are 
concerned, during operation at an accel- 
eration of 10~‘ times earth gravity no 
problems would be encountered. In- 
ternal forces arising from the pressure of 
the coolant would necessitate the use of 
stiffening members, however, if small 
clearances are to be maintained between 
the belt and the guide lips which are 
attached to each side of the enclosure. 
Making the side plates of the enclosure 
elliptical would greatly stiffen these 
members. However, depending upon 
the condensate pressure, this modifica- 
tion alone might not be sufficient. If 
the belt were sliced along its periphery 
into several sections, then ties could be 
inserted between the side enclosure 
plates and massive stiffeners would not 
be required. 
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Optimization of Airfoils (Continued from page 21) 


Cp = 2 + (6° + 2 x 
0 


x/¢ x — (1/2) x 
— m)Re, (0? + ( ) d (*) 
0 c 


(27) 


This equation (or one similar to it if other pressure 
laws had been used) is the basic equation for the class 
of optimization studies in which we are interested. 
We seek that distribution of airfoil slope 0(x«/c) 
which will minimize the drag coefficient given by 
Eq. (27) subject to any other constraints such as 
fixed lift, fixed center of pressure, fixed airfoil vol- 
ume, etc., that we may desire. 


Optimization for Minimum Drag at Specified Lift 


In order to demonstrate the method, let us con- 
sider the following simplified problem. We assume 
an airfoil whose upper surface is a flat plate at zero 
angle of attack relative to the free-stream velocity, 
and we seek the shape of the lower surface which will 
minimize the drag while at the same time develop 
a required lift (Fig. 2). Also, for simplicity in our 
example, although it is not necessary, we assume that 
the base drag may be neglected. Our problem is 
then the following: We seek the function 6(x/c) 
which minimizes the integral 


, 
0 \ 


\ 4-4/2) 
m)Ree (0? + (*)] d (*) 
0 Cc 
(27) 
while holding fixed the integral 


0 


The standard method for handling contraints of the 
type given in Eq. (28) is through the use of Lagrang- 
ian multipliers (see reference 4). Introducing the 
Lagrangian multiplier \, our problem becomes the 
minimization of the following integral: 


T= Cp — AC, 


NG 4. ger? ‘a m) Rew» 
0 \ 


=2 Fd (*) (29) 


The standard form of the elementary problem of 
the calculus of variations is the minimization of an 
integral of the form J = f F(y, y’, x)dx. The 
corresponding functional relationship between y and 
x which results in a stationary value of J is a second- 
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order differential equation (the Euler equation). If, 
however, the independent variable x is missing from 
the integrand so that the integral to be made 
stationary is] = f F(y, y’)dx, then the first integral 
of the Euler equation may be written explicitly and 
a first-order differential equation for the relationship 
between y and x is obtained. The integral in Eq. (29) 
can be cast into this latter simple form by means of 
the transformation 


The derivative of this expression is simply 
(31) 


Insertion of these expressions for ¢ and é’ into Eq. 
(29a) yields 


0 


c 


The first-order Euler equation which minimizes this 
transformed integral can be written (see reference 4) 
as: 


I 


(29a) 
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t’(OF/dt’) — F = constant = C; 32) 


where F is the integrand of Eq. (29a). Eg. (32) can 
be solved for £ as a function of ’, C,and \. Further- 
more, since ~’ is related to 6 by Eq. (31), £ can be al- 
ternately expressed in terms of the original param- 
ters. The resulting optimum shape is given by 


(1 — m)(6? + 


Re,[{(2m — + 2\(1 — — (33) 
36 + 2(rAe + |? 


The relationship between the local airfoil surface 
slope 6 and the chordwise position x/c may be found 
in the following manner. Noting that 


dé _ dé 


(6° + «)™ 
we have 
d(x/c) = (0? + 


Evaluating dt/d6é by means of Eq. (33) and integrat- 
ing, one obtains the “airfoil equation”’ 


x 2(1—m) 
2(1 — + Ge(1 — + 2[(3m — + 


m(m + + 3e! [(2m — + 
— — 36 + + de (34 


where 6)... is the initial slope of the airfoil at its lead- 
ing edge (x/c = 0). 


Boundary Conditions 


To complete the solution for a particular airfoil, 
three constants must be evaluated—#6;..., C), and X. 
The parameter d is chosen so as to adjust the lift on 
the airfoil to the desired value. In making solutions 
it is convenient to choose several values of ) arbi- 
trarily until a relationship between \ and the re- 
sulting lift coefficient is established. Thus, the two 
constants that must be evaluated in terms of the 
boundary conditions at the leading and trailing 
edges are 6; and 

At the trailing edge of the airfoil, neither a trail- 
ing-edge slope nor a trailing-edge position is specified 
so that a natural boundary condition must be ap- 
plied. This natural boundary condition requires 
that at the trailing edge (OF /0&’),.. = 0. From the 
Euler equation—Eq. (32)—it is evident that 


9 


Ci = —Fre. = + x 
or using Eg. (33), 
— + m)-! (35) 
The slope at the trailing edge 4... is obtained from 
the airfoil equation—Eq. (34)—evaluated at the 
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trailing edge—i.e., at x/c = 1. Eg. (35) is thus 
seen to be a relationship between C, and 4... 

The determination of the proper leading-edge slope 
61.e. is Somewhat more complicated and far more in- 
teresting. At the leading edge (x/c = 0), a singu- 
larity appears in the original expression to be 
minimized—Eq. (29). This singularity is associated 
with the singularity in local shearing stress caused 
by the assumption of zero boundary-layer thickness 
at the leading edge. The singularity is an integrable 
one and we may examine the behavior of the inte- 
grand of the integral to be minimized in the vicinity 
of the leading edge by assuming the leading-edge 
slope to be fixed for some small but finite length Av. 
With this assumption, the integrand becomes 


1/2 
(1 — m)Re,(Ax/c) 


It is clear that for small Ax/c the square bracketed 
term can dominate the integrand. Just as it is writ- 
ten, the numerator of the term in square brackets is 
positive definite, so that the integrand would be 
minimized by choosing 6:.. = 0. A moment’s re- 
flection on the physical nature of the problem im- 
mediately indicates that we should be able to do 
better than this. The term 6°)... + € actually repre- 
sents the nondimensional local pressure /,/p..V..”. 
As we have written the usual Newtonian pressure 
formula we have not permitted nondimensional pres- 
sures lower than « = p./p.V.*. Since by using 
negative @ according to the convention shown in 
Fig. 2 pressures lower than p,. are possible, a more 
complete formulation of the problem should permit 
lower drags if negative leading edge @ were chosen. 
Unfortunately, such a choice would either cause the 
thickness of the airfoil to become negative or require 
a finite thickness of the leading edge. The first 
possibility is not permissible, while the second possi- 
bility, that of starting the body with a finite leading- 
edge radius, requires the considerably more extended 
analysis necessary for a blunt airfoil. Such an 
analysis has not as yet been completed so that for 
the present we shall consider the strictly mathemati- 
cal problem of minimizing the integral as it is written 
in Eq. (29a) and choose 6)... = 0. We shall return 
to a discussion of the possibility of finite leading-edge 
thicknesses in a later section of this paper. 


F= 6716. + | 


(2) Solution for Optimum Sharp Airfoil 


As we have seen in the previous section, the shape 
of the optimum lower surface for a sharp airfoil hav- 
ing a given lift is given by the following expressions: 


x 
= — — m)(3 — 2m)6* — 
Cc Re, 0 


2(1 — + 9e(1 — m)e? + 
2[(3m — + m(m + 1)C,]6 + 3e} X 
[((2m — 3)6® + 2\(1 — — 
36 + + (34a) 
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Fig. 4. Optimized flat-topped sharp airfoil shape 
(M = 17.5, Rew = 24,000, T/T. = 0.075, Cr = 0.0303). 

and 


C, = [(2 — — — + 

— + m)—! (35a) 
If various values of \ are assumed, the physical 
characteristics of each optimum airfoil so derived are 
obtained from the following formulas: 


*t.e. U(x/c) 
C, = 6? 


> 


{98 4. (92 4 x 


(28a) 


and 


U(x/c 
do ( 


(1 — 
[( Mm) | 


27a) 
where ~ is given by Eq. (33). The lower surface 
coordinate is given by 


d(x/c) 
= —d 36 
2/c f 6 (36) 


As a typical example of the characteristics of a 
family of optimum airfoils obtained in the above 
manner, there is presented in Table 1 the results of a 
series of computations carried out for the purpose of 
designing a model for wind-tunnel test. The Mach 
number considered was 17.5, the free-stream Rey- 
nolds number Re. = 77,200, the wall to stagnation 


optimum upper surfacs 


optimum lower surface 


Fig. 5. Typical upper and lower optimized surfaces 
when surfaces are considered independently. 


Table 1. Characteristics of Family of Optimized 


Flat-Topped Sharp Airfoils 
(M = 17.5, Rew = 24,000, Ty/T.2 = 0.075) 


Cy. Cp lower L / Deorai 
0.150 0.0038 0.00165 2.33 1.02 
0.175 0.0094 0.00264 3.56 1.99 
0.200 0.0158 0.00406 3.89 2.57 
0.225 0.0231 0.00584 3.96 2.91 
0.250 0.03038 0.00774 3.92 3.08 
0.300 0.0566 0.01509 3.76 3.30 

temperature ratio 7,,/7,° = 0.075 so that Re, = 


24,000, and the ratio of specific heats for the flow 
about the model equal to 1.4. For these conditions, 
the parameters m and « are ().646 and 0.00234, respec- 
tively. As mentioned before, the upper surface is 
flat and, under the conditions chosen, has a drag co- 
efficient of 0.00210. The aerodynamic characteris- 
tics shown in Table 1 are for both the lower surface 
alone, as well as for both surfaces. 

The results given in Table 1 are also shown in 
Fig. 3, where the lift over drag ratio for both the 
lower surface and for both surfaces are plotted as a 
function of lift coefficient. Also shown in Fig. 3 for 
comparison are the L/D vs. C,, curves for an airfoil 
having a straight lower surface. It may be seen from 
Fig. 3 that, at a lift coefficient of approximately 0.02, 
the improvement in L/D obtained by optimizing the 
lower surface is approximately 24 per cent. At 
higher lift coefficients where the pressure drag is a 
more important portion of the total drag, this im- 
provement falls off as expected. At a lift coefficient 
of 0.05 where the L/D of the optimized family is 
roughly a maximum and equal to 3.3, the improve- 
ment over the straight surface configuration is ap- 
proximately 12'/> per cent. 


Fig. 4 illustrates the shape of the lower surface of 
these optimized airfoils by the specific example of the 
optimized airfoil designed for a lift coefficient of 
0.0303. Both the actual airfoil shape as well as the 
distribution of local slope as a function of chordwise 
position are plotted. It is immediately apparent 
that in the minimization procedure the lift on the air- 
foil is redistributed in such a way that no lift is car- 
ried where the boundary layer is without thickness; 
and in general on these airfoils, lift is carried after 
the boundary-layer thickness has achieved a certain 
thickness which depends on the design lift coefficient. 
Notice that by lowering the lift carried at the leading 
edge, the resulting lower pressure allows the bound- 
ary layer to grow more rapidly. 

The airfoil shown in Fig. 4 has been built and is 
due to be tested in the very near future at the design 
conditions. It is unfortunate that these test results 
are not available for comparison with theory at this 
time. 


(3) Discussion and Recommendations 
It is evident from this discussion of the optimiza- 


tion of airfoils when both pressure and viscous drag 


January 1961 e¢ Aerospace Engineering 


61 


— 
| | 
JV 
_ 


are considered that many interesting questions re- 
main to be investigated. Two questions arise which 
are very closely related. Both are connected with 
the behavior of the boundary at the leading edge of 
the airfoil. First, we notice that the most radical de- 
partures from inviscid optimum body shape take 
place at the leading edge where the Reynolds num- 
bers are very low and where conventional interaction 
between the boundary layer and the pressure dis- 
tribution may take place. This question may be 
easily disposed of by noting that the solution we have 
obtained calls for a particular pressure distribution 
and hence a particular rate of growth of the bound- 
ary layer. To take the interaction effect into ac- 
count, it is merely necessary, in finding the optimum 
body shape, to subtract the computed displacement 
thickness of the required boundary-layer growth 
from the surface obtained by the analysis as given 
above. If this is done in the examples just given, we 
come back again to the problem of negative airfoil 
thickness or of finite leading-edge radius. 

The second question still to be answered is that of 
the choice of leading-edge slope which was discussed 
previously and which also led to the problem of finite 
leading-edge thickness. 

It is interesting to speculate on this problem of 
finite leading-edge thickness. The simple, sharp 
leading-edge analysis that allows the boundary-layer 
thickness to approach zero at the leading edge, when 
applied to either the upper or lower surface inde- 
pendently and with more accurate pressure formulas 
than were used in the present paper, indicates that 
the optimum shapes should have low pressure near 
the leading edges of both upper and lower surfaces 
Thus, the surfaces look somewhat as shown in Fig. 5. 
It is obvious from this figure that if the two leading 
edges were put together, an airfoil of negative thick- 
ness would result. If they are not put together, an 


airfoil of finite leading-edge thickness results and the 
whole method of analysis must be modified. Not 
only would one have to consider surfaces of large 
slope and thus only the streamwise components of 
the viscous drag, but also one must take into account 
the vorticity generated by the strong bow shock in 
which a portion of the boundary layer would be 
submerged. In addition, we note that, because of 
the large variations of local Mach number that would 
be encountered, the simplified form of the momentum 
integral equation would not be applicable. Because 
of the great difficulty of attacking this problem 
theoretically, it would seem that perhaps some ex- 
periments should be undertaken to see if a very small 
and properly designed bluntness could improve the 
L/D characteristics of supersonic or hypersonic air- 
foils at low Reynolds numbers. It is very hard for 
one accustomed to working with flows at high 
Reynolds numbers to believe that an improvement 
could be made by such means. Nevertheless, if an 
improvement can be made in this manner, it would 
be a most interesting phenomenon. Alternatively, if 
an improvement cannot be made, the general fea- 
tures of the method outlined in this paper can be 
used to improve the L/D performance of airfoils 
when the viscous drag is an appreciable portion of 
the total drag. 
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V/STOL Cargo Airplane 
(Continued from page 23) 


consumed. For simplicity this figure 
includes only five systems covering the 
practical disc loading range. The 
values shown are believed typical of 
those that will be achieved within the 
next few years. For two or three 
minutes’ hover time the lightest system 
is the special lift bypass engine. For 
hover times exceeding a few minutes the 
turboprop exhibits the lightest weight. 


VTOL Aircraft Configurations 


In addition to the helicopter a large 
number of VTOL configurations are at 
present in development, under study, or 
have been proposed. Study of these 
designs indicates that they all exhibit 
performance capabilities characteristic 
of the disc loading during hover and the 
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lift and propulsion systems used for 
conventional flight. 

The designs summarized in Table 2 
are selected as representative of the 
available configurations and are be- 
lieved to include some of the most 
promising of the designs not yet in use. 

For comparative purposes all con- 
figurations contain a cargo or passenger 
compartment 7 ft. high, 8 ft. wide, and 
30 ft. long designed to carry a maximum 
cargo load of 8,000 Ibs. Approximately 
36 commercial passengers or military 
troops may be carried in the compart- 
ment. 

The performance characteristics are 
based on estimated engine character- 
istics and structural design efficiency 
believed representative of the produc- 
tion state-of-the-art in 1965. 


Helicopter 


A family of single-rotor two-engine 


January 1961 


machines, similar to those in existence 
at the present, is used to demonstrate 
helicopter capabilities. 

The take-off and landing character- 
istics of the helicopter are well known. 
Provided failure of the rotor is dis- 
counted, the single-rotor twin-engine 
helicopter configurations can operate 
from a small field with commercial 
safety. The take-off and landing transi- 
tion is accomplished outside the extreme 
caution zone. In the event of an engine 
failure during take-off or landing transi- 
tion, the aircraft can land at very low 
sink and forward speeds. 

A helicopter design, typical of those 
assumed for the study, is described in 
Table 3. 


Tilt- Wing Configuration 


Two families of four-engined tilt-wing 
configurations are considered. The first 
family is distinguished by a thrust 
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weight ratio of 1.05 on a standard day 
at sea level and by cross shafting inter- 
connecting the propeller gear boxes. 
The thrust/weight ratio of the second 
family is 1.4 and no cross shafting is 
employed. The two families represent 
different safety concepts which are 
discussed in detail subsequently. 

A tilt-wing configuration, typical of 
the first family, is illustrated in Fig. 2. 
The airplane is equipped with four 
turboprop engines and with two jet en- 
gines, one in the nose and one in the 
tail, which provide pitch control during 
VTOL and also contribute to the verti- 
cal thrust. 

The propeller gear boxes are inter- 
connected by shafts. Overrunning 
clutches are located between the engines 
and gear boxes and between the gear 
boxes and the shafts. This system 
prevents asymmetric thrust in the 
event of engine failure. 

The wing span is limited by the pro- 
peller diameter and tip clearances with 
the outboard engines mounted in 
nacelles at the wing tips. The aspect 
ratio is 9.0 and the wing loading 86 
Ibs. /ft.? 

The incidence of the horizontal tail is 
variable over a range of +5° to —40° 
which permits reduction of the tail 
forces in ground effect due to reflected 
downwash from the propellers. 

The sea level maximum rated thrust 
of each pitch control engine is 2,900 Ibs. 
The pitch control requirements are 
within the capability of either engine. 
The location of these engines at the 
extremities of the fuselage permits the 


use of approximately 4,000 lbs. of the 
control forces for vertical thrust. 

Lateral control during hover and 
transition is provided by differential 
pitch control of the outboard propellers. 
Directional control for the same flight 
regimes is provided by operation of the 
ailerons, which are located in the slip- 
stream of the outboard propellers. 

The characteristics of this tilt-wing 
configuration are summarized in Table 


v. 


Unloaded Rotor Configuration 


The unloaded single-rotor configura- 
tion uses two turboshaft engines each of 
which drives a propeller and, through a 
clutch, an air compressor. For vertical 
flight the compressors supply «ir to 
burners at the tips of the rotor blades. 
When operating from a small field and 
restricted to flight outside the extreme 
caution zone, it is believed that this 
configuration exhibits safe take-off and 
landing characteristics similar to those 
of the helicopter. The characteristics 
of a design selected from the family used 
in this study are described in Table 4. 


Caution Zones 


The estimated lower limits of the 
caution zones of the four-engine tilt- 
wing configuration with a thrust/weight 
ratio of 1.05 are shown on Fig. 3. The 
zones are based upon the assumption 
that a propeller or gear box fails for 
which the cross shafting is of no assist- 
ance and that automatic feathering 
eliminates high propeller drag. The 


Table 3. Helicopter Design 


Design cruising speed at sea level 
Engines 


100 knots 


Two turboshaft engines, maximum power rating 2,525 s.hp. 
Rotor 

Diameter 73.5. ft. 

Number of blades 4 

Solidity 0.063 


Disc loading 
Tip speed 
Fuselage length 
Weight summary 
Airframe 
Main rotor 
Tail rotor 
Engines 
Engine accessories and installation 
Transmission and drive 
Fixed equipment 
Empty weight 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 
Radius with 8,000-lb. payload: 
(1) Reserve fuel 10% total fuel 


(II) Reserve fuel 10% total fuel plus fuel for 10 min. hover at 


midpoint 


7.0 Ibs./sq. ft 
700 ft./sec. 
72 ft. 
Weight, lbs. 
4,956 
2,941 
345 
1,266 
1,397 
2,792 
2,446 
16,143 
780 
16,923 
8,000 
4,677 
29 ,600 


100 n.m 
87 n.m. 
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lower limit of the extreme caution zone 
is dependent upon the assumed elastic 
limit characteristics of the main landing 
gear which are as follows: ; 


Stroke 1.5 ft 
Ultimate load factor 4.0g 
Load stroke efficiency 0.8 


If the main landing gears contain a 
member designed to yield plastically 
when loaded beyond the elastic limit 
maximum load, a considerable increase 
in the total energy absorption capacity 
may be obtained. This feature in. 
creases significantly the height of the 
lower limit of the extreme caution zone 
and is regarded here as providing addi- 
tional safety above that available with- 
out exceeding the elastic limit maximum 
load on the landing gear. 

During take-off transition, in the 
event of a propeller or gear box failure 
when the aircraft is within the extreme 
caution zone, the aircraft descends and 
strikes the ground at a sinking speed in 
excess of the absorption capacity of the 
landing gear and structural damage re. 
sults. For the same conditions, when 
within the caution zone, the aircraft 
strikes the ground at a sinking speed 
within the absorption capacity of the 
landing gear; and when at the dividing 
line between the caution and safe flight 
zones the transition may be continued 
and the aircraft just grazes the ground 
In the event of gear box or propeller 
failure during take-off transition, the 
power of the opposite outboard engine 
is reduced to permit retention of roll 
and yaw control. 

In the event of a propeller or gear box 
failure during take-off transition at 65 
knots at an altitude of 40 ft., if the 
transition is discontinued, the minimum 
distance required to stop from the start 
of the transition is approximately 2,000 
ft. The touchdown speed is approxi- 
mately 75 knots. It may be argued 
that it is not germane to consider the 
case of propeller or gear box failure since 
these are not considered for the heli- 
copter. If only the case of engine 
failure is considered the cross shafting 
permits the four propellers to absorb the 
power of the three remaining engines 
and no excessive rolling or yawing 
moments are produced, In this case 
the aircraft may be regarded as safe for 
commercial operation. 

An analysis of propulsion system 
failures of an existing turboprop engine 
shows that, of eight failures, five were 
gear box or propeller failures and three 
were engine failures. It is estimated 
that the introduction of a cross shafting 
and clutch system on a four-engine air- 
plane would increase the number of 
propulsion system failures in a given 
time by approximately 10 per cent. 
Upon this basis the cross shafting is of 
value only during approximately one 
third of the propulsion system failures 
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if consideration is given to gear box, 
propeller and cross shaft as well as 
engine failures. Using this argument 
the cross shafting is of no commercial 
safety value and the family of tilt wing 
aircraft with a thrust/weight ratio of 
1.05 with cross shafting may be regarded 
as military aircraft of maximum per- 
formance. Increased safety may be 
obtained by an increase of the thrust 
weight ratio. Fig. 4 shows the esti- 
mated lower limits of the caution zones 
for a four-engine tilt-wing configuration 
without cross shafting with a thrust/ 
weight ratio of 1.40 and the same wing 
loading as that of the first family, 86 
Ibs./ft.2 In the event of engine, pro- 
peller or gear box failure at a speed of 
20 knots at 30 ft. altitude, if the transi- 
tion is discontinued, the minimum dis- 
tance required to stop from the start of 
transition is approximately 400 ft. 
This aircraft may be regarded as safe 
for commercial operation. 

This study does not include a com- 
plete analysis of the safety aspects of 
multi-engined tilt-wing airplanes. The 


Fig. 5. 


preceding arguments are regarded as 
justifying consideration of the character- 
istics of the two families of tilt-wing 
designs. 


Table 4. Unloaded Rotor Configuration 


Design cruising speed at 20,000 ft. 
Engines 


Two turboshaft engines, maximum power rating 


Propellers 
Diameter 
Number of blades 
Rotor 
Diameter 
Number of blades 
Solidity 
Disc loading 
Tip speed 
Fuselage length 
Wing span 
Wing area 
Taper ratio 
Thickness chord ratio 
Root 
Tip 
Horizontal tail area 
Vertical tail area 
Weight summary 
Structure 
Engines 
Propellers 
Rotor, hub, ducts, and tip burners 
Fixed equipment and furnishings 
Empty weight 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 
Radius with 8,000 lb. payload: 
(I) Reserve fuel 10% total fuel 
Cruise speed 
Cruise altitude 


172 knots 
3,200 s.hp. 


15 ft. 


60 ft. 
0.08 
12.5 lbs./sq.ft. 
900 ft./sec. 
60 ft. 
67.1 ft. 
450 sq.ft. 
0.4 


0.22 
0.18 
130 sq.ft. 
110 sq.ft. 
Weight, lbs. 
9,894 
1,600 
1,260 
5,970 
2,800 
21,730 
800 
22 , 530 
8,000 
4,470 
35,000 


257 n.m. 
172 knots 
20,000 ft. 


(II) Reserve fuel 10% total fuel plus fuel for 10 min. hover at 


midpoint 
Cruise speed 
Cruise altitude 


147 n.m. 
158 knots 
15,000 ft. 
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Ejector configuration. 


Ejector Configuration 


Two families of ejector airplanes are 
considered, distinguished by thrust/ 
weight ratios of 1.05 and 1.30 at sea 
level on a standard day. The first 
family may be regarded as maximum 
performance military machines and 
the second family as safe commercial 
machines. 

A typical ejector configuration is 
illustrated in Fig. 5. This airplane is a 
high-wing design equipped with four 
jet engines located in nacelles at the 
wing roots. The engine exhaust flow 
may be directed by means of diverter 
valves to four ejectors for vertical 
thrust or to conventional tailpipes for 
horizontal thrust. Each engine sup- 
plies half the primary flow for two 
diagonally disposed ejectors so that the 
failure of one or more enginés does not 
impose additional pitching, rolling, or 
yawing moments on the airplane. 
Vertical flight pitch control is obtained 
by controllable nozzles at the fuselage 
nose and tail supplied with engine ex- 
haust gas bled from the ejector supply 
ducts. Yaw control is obtained by 
rotation of the pitch-control nozzles. 
Rolling control is obtained by control- 
lable nozzles at the wing tips supplied 
with air bled from the engine compres- 
sors. This configuration is expected to 
exhibit a positive ground effect by 
virtue of the location of the ejectors. 
The proximity of the ground induces an 
increased pressure on the bottom surface 
of the fuselage between the ejectors 
which is expected to produce an upward 
force exceeding the downward force due 
to the reduced pressure on other sur- 
faces of the airplane. 

The main characteristics of the typical 
design are summarized in Table 6. 


Caution Zones 


Fig. 6 shows, for the ejector con- 
figuration with a thrust/weight ratio 
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of 1.05, the estimated lower limits of 
the caution zones, based upon the 
failure of one engine during take-off 
transition. The take-off transition of 
the ejector configuration is carried out 
in a manner similar to that of a hel- 
icopter. The aircraft is tilted nose 
down and the forward component of 
the vertical thrust provides the ac- 
celerating force. As the speed increases 
the angle of pitch is increased so that 
the wing supports an increasing portion 
of the total lift. The engine and 
ejector momentum drag increases with 
speed so that to achieve the minimum 
transition time the engines are pro- 
gressively diverted from vertical to 
horizontal thrust. One procedure which 
yields a transition time approaching 
the minimum is as follows: 


Number of Engines 


= Used for 
Speed, Vertical Horizontal 
Knots Thrust Thrust 
0-60 4 0 
60-80 3 1 
80-99 2 2 
99-113 1 3 


The transition speed, 113 knots, is 
110 per cent of the stalling speed, power 
off, in the transition configuration. 

During take-off transition when the 
airplane is within the caution zone, 
in the event of failure of one engine, 
the diverter valves of the engines 
producing horizontal thrust are im- 
mediately operated so that the remain- 
ing engines are all used for vertical 
thrust. The airplane descends and 
lands at a sinking speed within the 
capability of the landing gear. If 
this event commences at a speed of 72 
knots at a height of 50 ft. the aircraft 
touches down at a minimum speed 
exceeding 50 knots, and the minimum 
distance covered between the start of 
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Ejector VTOL aircraft—caution zones. 


transition and coming to a stop is oj 
the order of 2,400 ft. 

These characteristics are regarded a; 
unsuitable for a commercial airplane 
If the thrust/weight ratio is increased 
to 1.30, the three-engine thrust/weight 
ratio exceeds 1.0 over the transitioy 
speed range. If an engine fails during 
take-off transition at any speed the 
airplane can discontinue the transition 
and continue to fly indefinitely at loy 
speed and perform a vertical landing 
This performance is regarded as suitable 
for commercial operation. 


Direct Lift 


A typical version of this configuration 
is illustrated on Fig. 7. The six direct: 
lift bypass engines are located in the 


wing roots and are symmetrically 
disposed relative to the center ¢ 
gravity. 

Control during vertical flight i 


obtained by controllable nozzles a 


Table 5. Tilt-Wing Configuration 


Thrust/weight at sea level on a standard day 


Gear boxes interconnected by cross shafting 
Engines 


Four turboprop engines, maximum power rating 
Two turbojet engines for pitch control, maximum thrust rating 


Propellers 
Diameter 
Number of blades 
Activity factor 
Integrated design lift coefficient 
Overall length 
Overall height 
Wing span 
Wing area 
Taper ratio 
Thickness chord ratio 
Root 
Tip 
Horizontal tail area 
Vertical tail area 
Weight summary 
Structure 


Propellers 
Cross shafting and gear boxes 
Turbojet engines 
Engine accessories and systems 
Fixed equipment 
Weight empty 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 


1.05 


1,875 s.hp 
2,900 Ibs. 


14 ft. 


4 


110 

0.5 

68 ft. 
23.6%. 

63 ft. 
400 sq.ft 
0.6 


0.24 
0.18 

127 sq.ft. 

96 sq.ft. 

Weight Ibs 

10,855 
1,875 
2,110 
1,395 
755 
1,670 
2,980 
22,040 
795 
22 835 
8,000 
3,465 


34,300 


Radius with 8,000-lb. payload cruising on two engines: 


(1) Reserve fuel 10% total fuel 
Cruise speed 
Cruise altitude 
(II) Reserve fuel 10% 
midp¢ int 
Cruise speed 
Cruise altitude 


200 n.m. 
306 knots 
25,000 ft. 


total fuel plus fuel for 10 min. hover at 


55 n.m. 
205 knots 
sea level 
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the extremities of the wings and fuselage 
supplied with air bled from the com- 
pressors of the gas generators of the by- 
pass engines. The required bleed 
rate is approximately 15 per cent of the 
total gas generator mass flow to provide 
control and adequate maneuverability 
in the event of failure of one of the 
lift engines. 

The wing geometry is chosen to 
provide adequate transition character- 
istics and good payload/range ca- 
pability. The selected value of thrust / 
weight, 1.14, for this configuration is 
based on the prediction that a small 
negative ground effect is obtained. 
The expected effective thrust/weight 
ratio in ground effect exceeds 1.0. 
The main features of the typical design 
are summarized in Table 7. 

The take-off transition of this config- 
uration is carried out by increasing 
power on the turboprop engines which 
are at low power and thrust during ver- 
tical take-off and hovering flight. As 
the aircraft accelerates the direct lift 
engines are progressively shut down and 
the angle of attack is increased so that 
the wing supports an increasing propor- 
tion of the total lift. A suitable pro- 
cedure follows: 


Speed, Lift Engines in 
Knots Operation 
0-70 5 
70-80 4 
80-100 3 
100-115 2 
115-127 1 


The transition speed, 127 knots, is 110 
per cent of the stalling speed, power off, 
in the transition configuration. 

At any time during a take-off transi- 
tion, in the event of failure of one of the 
direct-lift engines, the transition may be 
continued with the loss of only a few feet 
of altitude. This is possible because the 
slipstream augments the lift when the 
turboprop engines are producing thrust. 

In the event of failure of one turbo- 
prop engine or propeller at a speed below 
the minimum control speed, which is ap- 
proximately 100 knots EAS, the transi- 
tion may be safely discontinued. If 
turboprop failure occurs at a speed 
above the minimum control speed, the 
transition may be safely continued. 
This airplane is regarded as suitable for 
commercial operation and provides an 
overall performance adequate for mili- 
tary purposes. 


STOL Configuration 


The performance of the VTOL de- 
signs is compared with that of a typical 
STOL configuration. STOL perform- 
ance may be obtained by high thrust 
and low wing loading. The need for a 
low wing loading may be reduced by the 
use of slipstream lift from propellers, 
high lift boundary layer control and/or 


Fig. 7. Direct lift configuration. 


high lift slats and flaps. Study of air- 
planes employing many combinations of 
these features led to the choice of an 
orthodox turboprop configuration 
equipped with leading edge slats, double 
slotted flaps, and lift spoilers. For the 
missions considered it is estimated that 
this configuration, from the viewpoint of 
size, weight, complexity, and cost, is 
approximately equal to configurations 
using high lift blowing BLC and superior 


Table 6. 


to configurations using high lift suction 
BLC at the leading edge of the flaps. 
The use of high lift distributed suction 
BLC has not been studied in detail. It 
is possible that this system may permit 
the design of a configuration superior to 
that chosen as representative of STOL 
characteristics in this study 

A STOL airplane, typical of those 
used in the study, is shown in Fig. 8. 

The airplane is a high wing design 


Ejector Configuration 


Thrust/weight at sea level on a standard day 


Engines 


Four turbojet engines, maximum thrust rating, zero bleed 


Length 
Height 
Wing span 
Wing area 
Taper ratio 
Thickness chord ratio 
Root 
Tip 
Horizontal tail 
Area 
Aspect ratio 
Vertical tail 
Area 
Weight summary 
Structure 
Engines 
Engine accessories and exhaust ducts 
Fixed equipment 
Empty weight 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 


1.05 


8,000 Ibs. 
68.4 ft. 
24 ft. 
60 ft. 
450 sq.ft. 
0.4 


0.18 
0.12 


130 sq.ft. 
4.5 


120 sq.ft. 
Weight, Ibs. 

10,635 
5,520 
2,410 
2,350 
20,915 
745 
21,660 
8,000 
6,340 
36 ,000 


Radius with 8,000-lb. payload cruising on two engines: 


(1) Reserve fuel 10% total fuel 
Cruise speed 
Cruise altitude 


189 n.m. 
326 knots 
25,000 ft. 
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Table 7. Direct Lift Configuration 


Thrust/weight at sea level on a standard day 
Engines 
Lift 
Six low-pressure ratio bypass engines, maximum thrust rating 
including thrust of 15% gas generator bleed flow 
Horizontal thrust 
Two turboprop engines, maximum power rating 
Propellers: Diameter 
Number of blades 
Overall length 
Overall height 
Wing span 
Wing area 
Taper ratio 
Thickness chord ratio: Root 
Tip 
Horizontal tail area 
Vertical tail area 
Weight summary 
Structure 
Bypass engines 
Turboprop engines and gear boxes 
Propellers 
Engine accessories and systems 
Fixed equipment 
Empty weight 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 
Radius with 8,000-lb. payload 
(1) Reserve fuel 10% total fuel 
Cruise speed 
Cruise altitude 


Table 8. STOL Configuration 


Maximum effort take-off and landing distance over a 50-ft. obstacle 
Engines: Two turboprop engines, maximum power rating 
Propellers 
Diameter 
Number of blades 
Overall length 
Overall height 
Wing span 
Wing area 
Taper ratio 
Thickness chord ratio: Root 
Tip 
Horizontal tail area 
Vertical tail area 
Weight summary 
Structure 
Engines and gear boxes 
Propellers 
Engine accessories and systems 
Fixed equipment 
Empty weight 
Crew; trapped fuel and oil 
Equipped weight empty 
Payload 
Fuel 
Gross weight 
Radius with 8,000-lb. payload 
(1) Reserve fuel 10% total fuel 
Cruise speed 
Cruise altitude 


8,000 Ibs. 


3,175 s.hp. 
16 ft. 
4 
63.8 ft. 
24.3 ft. 
67.5 ft. 
450 sq.ft. 
0.4 
0.18 
0.12 
130 sq.ft. 
110 sq.ft. 


Weight, lbs. 


11,392 
3,960 
2,120 
1,400 

938 
4,085 
23 ,895 
860 

24,755 
8,000 
9 ,245 

42,000 


497 n.m. 
326 knots 
25,000 ft. 


750 ft. 
2,690 s.hp. 


16 ft. 
4 
74 
25.7 ft. 
83.5 ft. 
875 sq.ft. 
0.4 
0.18 
0.15 
280 sq.ft. 
133 sq.ft. 
Weight, Ibs. 

12 ,940 
1,794 
1,350 
1,395 
2,620 

20,099 

713 

20,812 
8,000 
5,588 

34,400 


228 n.m. 
326 knots 
25,000 ft. 


68 Aerospace Engineering ¢ January 196] 


equipped with two turboprop engines 
The high lift devices consist of double 
slotted flaps mechanically connected 
to leading edge slats. For rapid 
reduction of lift at touchdown, spoilers 
are located on the wing upper surface 
just forward of the flaps. The aileron 
control system incorporates a mecha- 
nism which provides two aileron 
control wheel ratios with corresponding 
changes in total aileron deflection 
This permits adequate rolling _ per. 
formance and light control forces over 
the complete speed range. The variable 
incidence horizontal tail is mounted at 
the top of the swept vertical fin t 
reduce the downwash de-stabilizing 
effects and provide the largest possible 
tail arm. A summary of the charac. 
teristics of the typical design is given 
in Table 8. 


Method of Analysis and 
Ground Rules 


The gross weight and direct operatin, 
cost of the VTOL and STOL configu. 
rations are compared for radius missions 
between zero and 700 nautical miles 
The payload for all missions is 8,00 
lbs. 

For a number of mission radii, for 
each configuration, the minimum gross 
weight design was estimated by means 
of simple parametric studies 

The mission rules used are as follows: 


(1) Conditions 

(a) ICAO standard atmosphere. 

(b) The aircraft flies a radius mission 
carrying a payload of 8,000 Ibs. to the mid- 
point. The cruising speed and altitude are 
that which yield the least gross weight for 
the radius concerned, except for the heli- 
copter which is assumed to cruise at 10) 
knots at sea level for all missions. 


(2) Fuel Allowances 


VTOL 
One take-off— 
1!/. min. at max. power for all engines. 
One landing— 
11/. min. at max. power for all engines. 
Reserve: 
Case I-— 
10% total fuel. 
Case II— 
10% total fuel plus fuel for 10 min. 
hover at sea level at the midpoint. 


STOL 
Take-off and landing— 
5 min. at normal power. 
Reserve— 
10% total fuel. 


Gross Weight Comparison 


Fig. 9 shows the variation of gros 


weight with radius for some of tht 
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Fig. 8. STOL configuration. 
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RADIUS - NAUTICAL MILES 
Fig. 9. VTOL & STOL aircraft—gross weight vs. radius. 
PAYLOAD: 8000 LB. 
VTOL RESERVE: 104 TOTAL FUEL + 10 MIN. HOVER 
STOL RESERVE: 10g TOTAL FUEL 
60 
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DESIGN T/W 
VTOL 
HELICOPTER - 
20 —-—— UNLOADED ROTOR - 
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2 —-— DIRECT LIFT 1.14 
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T.O. AND LOVER 
: 50 FT 750 FT. 
0 200 400 800 
RADIUS - NAUTICAL MILES 
Fig. 10. VTOL & STOL aircraft—gross weight vs. radius. 
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VTOL and STOL configurations studi. 
when the reserve fuel is 10 pe 
cent of the total fuel. The eject 
and tilt-wing configurations shown 
designed for a thrust/weight ratio ; 
1.05. The maximum effort take-¢ 
and landing distance of the: STO 
airplanes shown is 750 ft. 


For radii up to 100 nautical mile 
or ranges of approximately 200 nauti¢ 
miles, the VTOL configuration wit 
the least weight is the helicopter. fi 
radii between 100 and 300 nautic 
miles the weights of the unloaded roty, 
tilt-wing and direct-lift configuration 
are closely the same and these are th 
VTOL configurations with least weigh 
For radii exceeding 300 nautical mik 
the direct lift configuration is th 
lightest VTOL design. The gro 
weight of the STOL configuration 
less than that of the VTOL desig 
except that, for radii less than § 
nautical miles, it exceeds that of th 
helicopter. 


Fig. 10 shows the same data as th 
on Fig. 9 when the VTOL reserve fu 
is 10 per cent of the total fuel plus fu 
for 10 min. hover at the midpoin 
This hover requirement necessitates 
considerable increase in the gro 
weight of the ejector and direct li 
configurations, which have high hove 
disc loading. The helicopter is agai 
the configuration with least weight { 
radii up to about 100 nautical mile 
For radii between 100 and 350 nautic 
miles the lightest configuration is th 
unloaded rotor. The tilt wing is }b 
far the lightest configuration for rad 
exceeding 350 nautical miles. fi 
radii up to 60 miles the gross weight 
the helicopter is less than that of th 
STOL configuration; for greater rad 
the weight of the STOL configurati 
is less than that of all the VT 
configurations. 


Figs. 11 and 12 show the same dat 
as Figs. 9 and 10 respectively exce; 
that the tilt wing is designed for 
thrust/weight ratio of 1.40 and tl 
ejector configuration for a thrust/weigt 
ratio of 1.30. As discussed above, the 
higher values of thrust/weight may | 
required for safe commercial operatic: 
On this basis when the reserve fuel! 
10 per cent of the total fuel the weigh 
of the helicopter is least for radii u 
to 100 nautical miles. For greate 
radii the weight of the unloaded rot 
and the direct lift configurations | 
closely the same, and considerably Ie 


than that of the other VTOL cao 
figurations. When the reserve fuel 


increased by that required for 10 mi 
hover at the midpoint, Fig. 12 shov 
that the weight of the helicopter ap 
the unloaded rotor configurations ! 
much less than that of the other VT0 
designs. 
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 studie Fig. 13 shows, for a radius of 50 
10 pe nautical miles, when the reserve fuel is : 10% F 
eject, 10 per cent of the total fuel, the gross 
own ap weight of the V TOL configurations 60 77 7] 
ratio , and that of the STOL configuration 
take. plotted against the maximum effort 2 a = 
take-off and landing distance over a J Let 
ft. obstacle. Figs. 14 and 15 show 
similar data for radii of 100 and 200 40 
il mile nautical miles respectively. Figs. 16, 
nautig 17,and 18 show data similar to that on 
m wil Figs. 13, 14, and 15 respectively, 
er. Fy when the VTOL reserve fuel is in- S HELICOPTER . 
nautic creased by that required for 10 min. 
ed rote hover at the midpoint. The FAA 2 —-— DIRECT LIFT 1.14 
uration critical field lengths of the STOL fe —-— EJECTOR i 
are th configuration are approximately twice STOL 
‘al mik off or landing distance. Figs. 13 and o° 200 400 300 500 
is th 16 show that for a radius of 50 nautical 
eC RTH miles, the weight of the helicopter is RADIUS - NAUTICAL MILES 
‘ation | less than that of the STOL configuration f 
desigiifeven when the elect tale. Fig. 11. VTOL & STOL aircraft—gross weight vs. radius. 
than § off and landing distance of the latter 
t of th exceeds 1,000 ft. or the FAA critical iiainins, cient 
field length exceeds about 2,000 ft. VTOL RESERVE: 10q TOTAL FUEL + 10 MIN. HOVER 
The gross weight of the STOL STOL RESERVE: 10g TOTAL FUEL 
| as th’ configuration increases rapidly as the 
erve maximum effort take-off and landing 60 
plus fu distance is reduced below 600 ft. For 
nid poini radii exceeding 100 nautical miles the 
sitates' weight of the lightest VTOL designs 
€ is equal to that of the STOL config- > 
irect li yration of the same radius for which 40 
sh hove the maximum effort take-off and landing 
1S agat distance is between 500 and 600 ft. 
eight { DESIGN T/W 
nautic, Direct Operating Cost 20 —-— UNLOADED ROTOR- - 
n is th The military and commercial direct 14 
ig is b operating costs of the chosen VTOL se} —..— EJECTOR 1. 
for rat and STOL configurations are compared - STOL 
ss. Fe on Figs. 19, 20, 21, and 22. The srsemeeT,O. AND L OVER 
50 FT: 1750 FT. 
weight’ comparative costs show clearly on the 0 1 4 
it of th figures; the discussion here is con- 
ter rad fined to the salient features. 
igurati 
bg VTO Military Costs Fig. 12. VTOL & STOL aircraft—gross weight vs. radius. 
Fig. 19 shows the variation with 
‘me dat. tange of the estimated military direct RADIUS: 50 N.M. 
vy excey Operating cost per ton nautical mile of PAYLOAD: 8000 LB. 
>d for, the VTOL and STOL configurations, RESERVE: 10% TOTAL FUEL 
and th assuming that the reserve fuel is 10 
t/weigt Per cent of the total fuel. Fig. 20 * 
ve, the Shows similar data when the VTOL 
mayb Teserve fuel is increased by that re- 
peratio: quired for 10 min. hover. z 
re fuel The military direct operating cost 2 
weigt 1S estimated by use of the A.T.A. BIECTOR = 1.3 
radii y Method with the insurance and de- 
create preciation cost eliminated and with DIRECT 
Jed rote Modifications to reflect the maintenance EJECTOR T/W = 1.05 
ations #24 operating characteristics of the a UMLOARED ROTOR 
ably le tplanes and military crew, labor, 
OL co: tuel, and oil costs. When estimating 8 
e fuel; ‘he operating costs of new config- 3 
- 10 mi “tations, particularly those for which 
12 show Some of the engines are not operated 
pter ap during cruising flight, considerable un- 0 250 500 750 1000 
ations | C&rtainty exists. The costs shown are 
er VTO_ believed to represent the relative char- TAKEOFF AND LANDING DISTANCE OVER 50 FEET - FEET 
acteristics of the configurations. Fig. 13. VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 
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When the reserve fuel is 10 per cent 
of the total fuel, for ranges exceeding 
approximately 20 nautical miles, the 
military direct operating cost of the 
helicopter exceeds that of the other 
VTOL configurations and is 200 per 
cent greater than that of the tilt wing 
at a range of 300 nautical miles. For 
ranges exceeding 20 nautical miles for 
the same conditions the cost per ton 
mile of the tilt wing is the least and is 


GROSS WEIGHT - 1000 POUNDS 


RADIUS: 100 N.M 
PAYLOAD: 8000 LB. 


RESERVE: 10% TOTAL FUEL 


60 


EJECTOR T/W = 1.3 


40 TILT WING T/W = 1.4 
EJECTOR T/W = 1.05 
TILT WING T/W = 1.05 


operatin: 


exceedin: 
For commercia 


DIRECT LIFT 
approximately half that of the un- SSUNLOADED ROTOR 
loaded rotor which, apart from the ar ‘en sine 
helicopter, is the most costly con- 20 
figuration. When the reserve fuel is 
increased by that for 10 min. hover 
the cost per ton mile of the tilt wing is 
considerably less than that of the 
other configurations for ranges exceed- ol 
ing 20 nautical miles and is closely the 
same as that of the STOL configuration TAKEOFF AND LANDING DISTANCE OVER 50 FEET - FEET 
designed to take off and land over a 50 
ft. obstacle in 600 ft. Fig. 14. VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 
RADIUS: 200 N. M. 
PAYLOAD: 8000 LB. 
RESERVE: 10% TOTAL FUEL The commercial direct 
cost of the helicopter is approximatel 
60 - the same or less than that of the othe 
>— HELICOPTER VTOL configurations for ranges les 
than 75 nautical miles when the fue 
EJECTOR is 10 per cent of the total fuel 
2 $- TILT WING 7/W = 1.4 As the fuel reserve is increased the 
om 40 | =| lower cost of the helicopter is mor 
3 a marked and is extended to greater 
' DIRECT LIFT ranges. 
E UNLOADED ROTOR | STOL If the fuel reserve specified is smal 
= the operating costs of the direct lif 
ES 20 and the tilt wing configurations ar 
2 approximately one third less than that 
& of the ejector and unloaded roto 
configurations for ranges 
200 nautical miles. 
0 1 operation a substantial reserve may lk 
0 250 500 750 1000 


TAKEOFF AND LANDING DISTANCE OVER 50 FEET - 


FEET 


Fig. 15. VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 


Commercial Costs 


The estimated commercial direct 
operating costs per ton nautical mile 
of the VTOL and STOL configurations 
are shown on Figs. 21 and 22. For 
Fig. 21 the reserve fuel is 10 per cent 
of the total fuel and for Fig. 22 the 
reserve fuel is 10 per cent of the total 
fuel plus fuel for 10 min. hover. For 
commercial operation the assumed 
thrust/weight ratio for the tilt-wing 
configuration is 1.40 and that of the 
ejector configuration is 1.30. As dis- 
cussed above, these values are chosen 
to ensure safety in the event of failure 
of one engine, propeller, or gear box. 

The commercial direct operating 
costs are estimated by use of the 
standard A.T.A. 1955 method with 
allowance for the unique maintenance 
and operating characteristics of the 
different configurations. 
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GROSS WEIGHT - 1000 POUNDS 


Fig. 16. 


RADIUS: 50 N.M. 
PAYLOAD: 8000 LB. 


required. If the reserve fuel is 10 pe 
cent of the total fuel plus fuel for || 
min. hover, the commercial operatin; 


VTOL RESERVE: 10% TOTAL FUEL + 10 MIN. HOVER 
STOL RESERVE: 10% TOTAL FUEL 


60, 


@-EJECTOR T/W = 1.3 
DIRECT LIFT | 


TILT WING T/W = 1.4 
go T/W = 1.05 


TILT WING T/W = 1.05 


UNLOADED ROTOR 


@— HELICOPTER 
20 


8TOL 
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TAKEOFF AND LANDING DISTANCE OVER 50 FEET - FEET 


VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 
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RADIUS: 100 N. M. 
PAYLOAD: 8000 LB. 
VTOL RESERVE: 10% 
STOL RESERVE: 


60 


TOTAL FUEL + 10 MIN. HOVER 
10% TOTAL FUEL 


T 
@— EJECTOR T/W = 1.3 


DIRECT LIFT 
g TILT WING T/W = 1.4 
EJECTOR = 1.05 


40 


@— TILT WING T/W = 1.05 
UNLOADED ROTOR 
HELICOPTER 


20 _ 


STOL 


GROSS WEIGHT - 1000 POUNDS 


0 250 


500 150 1000 


TAKE-OFF AND LANDING DISTANCE OVER 50 FEET - FEET 


Fig. 17, VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 


cost of the helicopter is less than that 
of the other VTOL configurations for 
ranges up to 120 nautical miles. For 
ranges exceeding 120 nautical miles the 
commercial operating cost of the tilt 
wing is the least. 

The commercial operating cost of 
the STOL configuration designed to 
take off and land over a 50 ft. obstacle 
in 600 ft. is approximately equal to 
that of the helicopter for ranges up to 
50 nautical miles; for longer ranges the 
operating cost of the STOL config- 
uration is substantially less than that 
of the VTOL configuration with the 
least operating cost. 


Conclusions 


From the study of medium-size low 
subsonic speed cargo aircraft, the 
following general conclusions may be 
drawn: 


PAYLOAD: 8000 LB. 
RESERVE: 10% TOTAL FUEL 


120 


RADIUS: 200 N. M 

PAYLOAD: 8000 LB. 
VTOL RESERVE: 10% 
STOL RESERVE: 10% 


60 


(1) The relative weight and direct 
operating cost of the various VTOL 
configurations is decisively influenced 
by the mission hover requirement. 

(2) The weight of the helicopter. is 
less than that of the other VTOL 
configurations for ranges up to 200 
nautical miles approximately, for all mis- 
sion hover requirements. 

(3) The weight, performance, and 
military or commercial direct operating 
cost of a STOL configuration designed 
to take off and land over a 50 ft. 
obstacle in 500-600 ft., or a FAA 
critical field length of 1,000-1,200 ft., 
is approximately the same as that of 
several VTOL configurations. 


Military Capability 


A comparison of the maximum per- 
formance capability and the military 
direct operating cost, based on equal 


TOTAL FUEL + 10 MIN. HOVER 
TOTAL FUEL 
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Fig. 18. VTOL & STOL aircraft—gross weight vs. take-off and landing distance. 
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Fig. 19. VTOL & STOL aircraft—military direct operating cost. 
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utilization, of the various VTOL con- 
figurations yields the following sig- 
nificant conclusions: 

(1) The military direct operating 
cost of the tilt wing is less than that 
of the other VTOL configurations for 
ranges exceeding about 20 miles. The 
cost advantage of the tilt wing increases 
as the mission hover time increases. 
When the fuel reserve consists of 10 
per cent of the total fuel and that for 
10 min. hover time, the military direct 
operating cost of the tilt wing is approx- 
imately half that of the other VTOL 
configurations. 

(2) The lower weight of the helicopter 
for ranges up to 200 nautical miles 
does not result in any significant 
military direct operating cost ad- 
vantage. The military direct operating 
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Fig. 22. VTOL & STOL aircraft—commercial direct operating cost. 


cost of the helicopter exceeds that , 
any of the other VTOL configuratio, 
for ranges exceeding about 50 nautic 


120 miles with a zero hover requiremey 
. aan and 100 nautical miles with a 10 mi 
: —-— DIRECT LIFT hover reserve requirement. 

—--— EJECTOR T/W = 1.05 
4 —-—— UNLOADED ROTOR 
TILT WING T/W = 1.05 Commercial Capability 
80 STOL 
= weseeeee T.0. AND L. OVER A comparison of the weight ay 
8 SO Fr. commercial direct operating cost, bas 
9 on equal utilization, of the VTQ 
configurations which exhibit equivale 
Fy 40 tt safety in the event of failure of , 
5 engine, gear box, or propeller sugges 
md the following conclusions: 
(1) The commercial direct operati 
cost of the helicopter is less tha 
. | that of the other VTOL configuratio, 
0 250 500 750 1000 for ranges up to 100 nautical mik 
approximately; the weight is less f 
ranges up to 200 nautical miles. 
Fig. 20. VTOL & STOL aircraft—military direct operating cost. (2) For ranges between 200 and 4 
nautical miles, the weight of the w 
loaded rotor is less than that of th 
other configurations. This weight at 
RESERVE: 10% TOTAL FUEL vantage is substantial if the missig 
hover requirement exceeds a few mi 
utes. 
= VTOL (3) For ranges exceeding 100 nautic 
\ miles, the lowest commercial dire 
= —..—— EJECTOR T/W = 1.3 operating cost is that of the dire 
———— TILT WING T/W= 1.4 lift and tilt-wing configurations. Th 
3 mn \ ee advantage of the tilt wing in this respe 
es WW T.O. AND L. OVER increases as the mission hover requir 
3 ment is increased. 
& 
« 
Flow Visualization 
FE (Continued from page 27) 
a 
250 500 750 1000 
lines shown by the hydrogen filament 
RANGE - NAUTICAL MILES a quicker and more accurate method! 
Fig. 21. VTOL & STOL aircraft—commercial direct operating cost. to pulse the voltage producing th 
streamlines. Boundary-layer velocit 
profiles may also be studied by pulsin 
the voltage as was done by Geller.? Th 
VIOL RESERVE: 10 "® TOTAL FUEL + 10 MIN. HOVER cathode voltage is pulsed to give a sing 
STOL RESERVE: 10% TOTAL FUEL row of bubbles or a series of rows. 4 
Douglas this pulsing was accomplishe 
120 i 9 by a specially built power supply th 
: \\ HELICOPTER gave pulse frequencies from 1 to 30 pt 

= \ ——-—- EJECTOR T/W = 1.3 sec. and pulse widths from 2.0 to 9 

z \\ \ —-— DIRECT LIFT 

\\ —-—— UNLOADED ROTOR millisec. duration. 

WING T/W = 1.4 Considerable effort was expended 

80 the development of the pulsed-hydroger 

\ -T.O. AND L. OVER P pu yaroge 

8 FT: 600 FT. bubble technique before  successfi 

photographs of boundary-layer profil 

were obtained. At first, the tests wer 

$ made on a straight wire in uniform flor 

It was found that in order to obtain! 

: ne straight, sharply defined row of bubble 

= the wire acting as the cathode couldn 

x be larger than 0.001 in. in diamete 

a | Either steel or platinum wire could 

95 250 500 750 1000 used, the latter being preferable becaw 


corrosion by the electrolytic proce 
limited the life of the steel wire to abot 
two runs. The sharpest and straighte 
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lower limit of the pulsing apparatus— 
and a voltage ranging from 300 to 400 
volts. Perhaps better results could have 
been obtained by using pulse widths of 
even shorter duration and greater volt- 
ages. Because of the high voltage used, 
creat care had to be taken to keep the 
jeads to the cathode wire well insulated 
from the channel walls, the carriage, 
etc. An electronic flash unit having a 
flash duration of 1 millisec. was re- 
quired to stop the motion of the indi- 
vidual bubbles and thus obtain sharp 
photographs of the row of bubbles. 

Fig. 5 shows the trajectories of rows 
of bubbles produced at the aft end of a 
body of revolution. Each of the trajec- 
tories—that is, the velocity profiles- 
shown extends tc the cathode wire at the 
wall since the velocity at the wall is 
zero. The distance between a bubble 
in a profile and the cathode wire is ap- 
proximately the product wAt, where u 
is the local velocity, and At is the elapsed 
time since the voltage pulse produced the 
bubble. In some cases a second but 
smaller row of bubbles is produced 
(slightly visible in Fig. 5). This is due 
to inductance in the circuit. As noted 
before, there is a slight delay in the 
formation of the bubble at the wire; 
this delay increases with a decrease in 
velocity, and thus the profile shown in 
the figure may be slightly distorted 
near the body surface. 

Ordinary 60-cycle alternating current 
may also be used as a voltage source to 
produce the pulsed rows of bubbles. 
The alternating voltage gives 120 pulses 
per sec. and produces alternate rows of 
hydrogen and oxygen bubbles. These 
rows are easily distinguished from each 
other since twice as much hydrogen as 
oxygen is produced in the electrolysis of 
water. Fig. 6 shows such profiles pro- 
duced at the exit of a straight duct. The 
edge of the boundary layer and regions 
of separated flow and reversed flow 
and vortices are prominently shown. 

Pulsing the voltage will break up the 
continuous filaments produced by the 
kinked wire into filaments of any de- 
sired length. These broken filaments 
can then be used to measure velocities 
of the streamlines. This procedure is 
similar to that of Lippisch,! who used 
smoke. Photographs obtained in the 
towing tank about airfoils using the 
broken filaments look nearly identical 
to photographs by Lippisch (see Figs. 
13 through 16 of reference 1). 

If the primary interest is in the flow 
in the boundary layer or in the flow 
near the surface of the body, the wire 
acting as the cathode may be laid on 
the surface or embedded partially in 
the body in such a way that it extends 
out of the surface only ahead of the re- 
gion of interest. Continuous or pulsed 
filaments may be produced at the wire. 
In fact, if the model is metal, filaments 
may be produced by painting the model 


with electrically insulating paint and 
scratching the paint off wherever the 
filaments are desired. 


Advantages of the Hydrogen- 
Bubble Technique 


The numerous advantages of the 
hydrogen-bubble technique over most 
other techniques of flow visualization 
are briefly described as follows: 

(1) The hydrogen bubbles are easily 
produced in the flow at any location, 
and, because of the electrical nature of 
the generation, they may be pulsed and 
timed, and their density and size are 
easily controlled. The cathode wire 
may be made so small that it does not 
disturb the flow being visualized, as do 
smoke or dye dispensers. 

(2) The bubbles do not contaminate 
the flow medium as much as dye, tel- 
lurium, and smoke do. They do have 
the disadvantage that, when used to 
study internal flow, they accumulate 
on the wall of the duct, obscuring the 
flow. 

(3) Unlike filaments of smoke or dye, 
the bubbles do not lose their identity 
in wakes or turbulent flow. No special 
ducting, as for dye or smoke, is required; 
the only requirement is an electrical 
conductor, which may be as small as 
0.001 in. in diameter. Thus models and 
tracer dispensers are more cheaply 
produced than the equipment for other 
methods of flow visualization. 

(4) The technique rapidly supplies 
complete velocity profile measurements. 
The voltage pulses are easily syn- 
chronized, permitting accurate measure- 
ment of time and thus velocity. The 
technique is applicable to unsteady as 
well as to steady flow. 

(5) The bubbles are relatively easy 
to photograph—that is, they are highly 
reflective, giving good contrast between 
the tracers and the flow medium. Also 
for photography the technique is su- 
perior to those methods of flow visualiza- 
tion that suspend the tracer particles 
throughout the liquid. 


Ways and Examples of Using the 
Hydrogen-Bubble Technique 


Whereas the technique has been used 
at Douglas primarily to study aero- 
dynamic problems, it is just as applica- 
ble to flow in other fields—for instance, 
fluid flow through plumbing systems 
such as valves, pumps, and heat ex- 
changers; flow in rivers; or flow of air 
over mountains, buildings, or other ob- 
stacles. It may be used to investigate 
unsteady as well as steady flow phe- 
nomena; here the motion picture camera 
is a valuable auxiliary tool. 

Figs. 7a and 7b show the flow about a 
1/50-scale F5D model at two angles of 
attack, using the continuous hydrogen- 
bubble filaments. The underside is in 
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Fig. 8a. Streamlines in the bend of the four-wall 
duct (velocity = !/» ft./sec.). 


Fig. 8b. Streamlines in the diffuser section of the 
four-wall duct (velocity = !/, ft./sec.). 


deep shadow because illumination was 
from one side only. 

Figs. 8a and 8b show the streamlines 
in a four-wall Plexiglas duct; the duct 
consisted of an inlet section, a gentle 
S-bend, and a diffuser section. Fig. 8a 
shows the flow in the bend of the duct; 
separation can be seen at the top of the 
bend, and the effect of centrifugal forces 
on the streamlines is shown at the bot- 
tom of the bend. Fig. 8b shows the flow 
in the diffuser downstream of the bend. 
Separation and the region of mixing 
flow are well defined. Velocity profiles 


of the flow in the four-wall duct are 
shown in Fig. 9. The profiles may be 


Fig. 9. Velocity profiles by the pulsed hydro- 

gen-bubble method in the bend of the four-wall 

duct (400 volis d.c., 6 pulses/sec., velocity = 
ft./sec.). 
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Fig. 10a. Velocity profiles at the exit of the 
straight duct (400 volts d.c., 15 pulses/sec., 
velocity = ft./sec.). 


Fig. 10b. Velocity profiles at the exit of the 
straight duct (400 volts d.c., 4 pulses/sec., 
velocity = '/» ft./sec.). 


— 


Fig. 11. Velocity profiles produced by the 60- 
cycle a.c. voltage in the bend of the four-wall 
duct (90 volts, 120 pulses/sec., velocity = 1/2 
ft./sec.). 


Fig. 12. Tip vortices produced by the F5D 


model as shown by the “grid of hydrogen 
bubbles” (velocity = '/, ft./sec.). 
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compared with the continuous filaments 
through the bend of the same duct 
shown in Fig. 8a. Again separation is 
indicated on the upper wall of the duct. 

Fig. 10a shows velocity profiles at the 
exit of a straight duct. The mixing 
region is clearly shown. The disturb- 
ance in the profile near the center of the 
duct is due to a bubble that adhered to 
the cathode wire. The adherence of 
bubbles to the wire was a source of con- 
tinuous trouble in obtaining a straight, 
sharply defined row of bubbles. Great 
care was taken to clean the wire before 
each run, and the pulsed voltage was 
supplied to the wire for only the region 
in the camera field; but even these 
precautions did not always prevent the 
adherence of one or two bubbles. The 
size of the disturbance gives an indica- 
tion of the wake of the bubble, and thus 
the pulsed rows of bubbles may be used 
to study the growth of wakes. Fig. 10b 
shows the same flow as 10a, except that 
there are fewer pulses per second. The 
figure shows the advantage—pointed 
out earlier the hydrogen bubbles, 
in that they do not diffuse and thus lose 
their identity in turbulent flow as do 
dyes and smoke. Observe the remark- 
able shape of the third velocity profile. 

Figs. 6 and show velocity profiles 
obtained by using the 60-cycle alter- 
nating current in the same ducts as 
shown in Figs. 9 and 10. Fig. 6 shows 
the flow at the exit of the straight-wall 
duct; Fig. 11 shows the flow in the bend 
of the four-wall duct. The edge of the 
boundary layer and regions of separation 
and mixing are prominently shown. 

The hydrogen-bubble technique can 
be used in still another method in which 
hydrogen filaments or rows of filaments 
are used in the same way as tuft grids 
are used in wind tunnels or the “‘vapor- 
plane” technique in high-speed tunnels. 
The method is useful in studying the 
growth, size, and motion of vortices 
and wakes produced by various models. 
For this method a special grid was con- 
structed which consisted essentially of 
15 vertical and 15 horizontal wires that 
were kinked in the usual manner. Any 
number of the wires could be connected 
to the power supply and thus become a 
source of hydrogen filaments. A “grid 
bubble filaments’? may 


of hydrogen-| 
thus be produced, the length of the fila- 
ments being controlled simply by the 
duration of time that voltage is supplied 
to the grid wires. By letting the model 
pass through the grid of hydrogen fila- 
ments, we may observe patterns similar 
to those seen tuft grids in wind 
tunnels. Photographs of the tip vor- 
tices on the F5D model obtained by 
using the grid are shown in Fig. 12. 
The dark tube appearing in the center 
of the figure is the model support sting. 
The greatest difficulty in taking clear 
photographs of the grid pattern is that 
one must photograph through 4 to 10 ft. 
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of water, which usually contains foreig 
matter in suspension, consisting mostl 
of hydrogen bubbles produced in prey; 
ous runs. It is much easier to see wit 
just the naked eye the motion ané 
growth of the vortices as shown by thy 
grid of hydrogen bubbles. Also, greate 
detail than is shown in the figure ca, 
be obtained by taking stereo phot 
graphs. When all wires on the grid ar 
used as sources of streamers, the curren 
required is about 5 amp. at 90 volt 
d.c. 


Conclusion 


The hydrogen-bubble technique is ; 


rewarding and versatile method | 
visualizing most incompressible-floy 
patterns. The authors have found that 


flow visualization techniques not onh 
show the flow pattern but also stimulat 
the thought processes of the observer 
because of the extensive detail that js 
immediately apparent. Often an ob 
scure flow phenomenon is readily under 
stood, or a solution to a problem be 
comes obvious, once the flow is seen 
If used intelligently, the technique car 
become a powerful aerodynamic tool 
and tests are relatively inexpensive be. 
cause of low model and visualization 
costs. 
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Injection Schemes 
(Continued from page 29) 


directions, the location of the first node 
shifts from west to east. The actual 
longitude of the first node will be 
slightly more westerly than appears in 
the illustration since the earth makes an 
eastward rotation while the vehicle is 
traveling from a launch site to the first 
node. 

Assume that one selects a particular 
launching azimuth and for that azi- 
muth establishes a launch trajectory 
which places the vehicle, at cutoff of the 
last stage, into the desired circular park- 
ing orbit. The shape and character- 
istics of the launch trajectory will be 
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determined primarily by optimization 
of payload delivered within the limi- 
tations imposed by aerodynamic and 
structural considerations. This brings 
us to the second simplifying assumption 
which is that the in-plane geometry of 
the launch trajectory is the same for 
different flight planes; that is, it is 
invariant with respect to the launching 
azimuth. While this again is a reason- 
able assumption, one should not over- 
look one important effect which will be 
discussed in more detail later. The 
contribution of velocity by the earth’s 
rotation varies with launching azimuth 
and, for sizable deviations from due- 
east, the resultant payload deficit can 
be a major drawback. 

These two assumptions will be em- 
ployed later when the launching azi- 
muth is systematically varied in order 
to synchronize longitudes at different 
points of the injection schemes. Since 
we are not yet concerned with the 
longitude we will arbitrarily select the 
due-east azimuth, which, incidentally, 
offers the largest benefits from the 
earth’s rotation, as will be discussed. 

Let us therefore proceed under the 
assumption that a circular parking orbit 
has been established with a 90° launch- 
ing azimuth so that the resultant orbit 
is inclined to the equatorial plane by 
28°. The next problem is that of 
transferring from the parking orbit to 
the 24-hour orbit. 

If the parking orbit and the 24- 
hour orbit, both of which are circular, 
were coplanar, the optimum transfer 
orbit between the two would be a 
Hohmann ellipse. 

This ellipse is shown in Fig. 2 and is 
defined as that ellipse which is simul- 
taneously tangent to the two circular 
orbits. Hence the perigee of the 
Hohmann ellipse lies on the smaller 
circle and the apogee on the larger. 
The actual transfer may be thought 
of as being brought about by the 
application of two zero-time impulses, 
one impulse being applied on the 
parking orbit at the point which is 
simultaneously the perigee of the 
Hohmann ellipse, and the second 
impulse being applied on the outer 
circle at the apogee of the Hohmann 
ellipse. 

The Hohmann ellipse may also be 
used for the case that the two circular 
orbits are not coplanar, as in Fig. 3. 


In order to employ the Hohmann 
ellipse, it is necessary that the major 
axis of the ellipse be coincident with 
the line of intersection of the two 
circular orbits. Even so, the plane 
containing the Hohmann ellipse may be 
placed at any inclination between the 
parking orbit plane and the equatorial 
plane. The location of this plane was 
selected so as to make the sum of the 
magnitudes of the two required impulses 


a minimum, thereby minimizing the 
propellant consumption for the ma- 
neuver. This places the plane of 
the Hohmann ellipse about 2° below 
the plane of the parking orbit and hence 
at an inclination of roughly 26° to 
the equatorial plane. If, however, the 
requirements for making the transfer 
simply by leaving the Hohmann ellipse 
in the initial parking orbit plane, and 
hence neglecting the 2° shift, are 
compared to the optimum require- 
ments, the performance loss amounts 
to less than 20 m./s. velocity increment. 
It is then an open question as to whether 
the additional complexities required to 
bring about the 2° rotation are worth 
the slight performance increase. For 
our part we will assume they are not, 
and so, for the sake of scheme simpli- 
city, will place the Hohmann ellipse 
in the same plane with the parking 
orbit. As a result of this, the entire 
28° rotation of the velocity vector will 
occur at the apogee of the Hohmann 
ellipse, placing the final orbit in the 
equatorial plane. 

This, then, roughly outlines a prim- 
itive sequence of maneuvers for ascend- 
ing into the 24-hour orbit. 

With the aid of Fig. 4 we review the 
essential features of the scheme. 

Launch occurs at Cape Canaveral, 
employing a 90° launching azimuth. 
The latitude of Cape Canaveral is 
about 28°, so that the plane containing 
the launch phase is inclined to the 
equatorial plane by 28°. At cutoff, 
the vehicle is in a low-altitude circular 
parking orbit in which it remains until 
reaching the first node. At the first 
node, an impulse application causes the 
vehicle to depart onto a Hohmann 
ellipse, still in the 28° plane, until 
reaching the apogee, again at a node. 
At this point, a second impulse rotates 
the velocity vector into the equatorial 
plane and adjusts its magnitude to that 
which is necessary for the 24-hour orbit. 

The next step in the analysis is to 
initiate considerations of longitude. 
As a jumping-off point, it is of interest 
to examine the longitude of the first 
node as a function of the launching 
azimuth employed.* This is shown in 
Fig. 5. In deriving the data for this 
diagram, the earth’s rotation was 
considered, and the altitude of the 
parking orbit was taken as 200 km. 
For the launch phase, a typical tra- 
jectory was employed. 

Arbitrarily restrictf azimuth con- 
siderations to easterly quadrants, that 
is, from 0° to 180°. If this is 
done, the longitude spread for the 
first node is from about 90° east to 80° 


* Mathematical formulation 
found in Appendix 1. 

t This restriction will prove itself in- 
consequential in later schemes. 


may be 
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Fig. 4. Direct ascent from first node to station- 
ary orbit. 
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Fig. 5. Longitude of first node (\;) vs. launch 


azimuth (Azo). 
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Fig. 6. Longitude of earth-fixed point as a 

function of launching azimuth for different de- 

parture nodes from 200 km. altitude parking 
orbit. 


Fig. 7. Inclination (i) of parking orbit as a 


function of launch azimuth (Azo). 
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west, not quite a full 180°. This is 
due to the rotation of the earth during 
flight. The important point of the 
figure is just this: that any longitude 
between the limits of 90° east and 80° 
west can be obtained for the first node 
by proper selection of the launch 
azimuth, i.e., variation of the launch 
azimuth offers a continuous alteration 
of the longitude of the first node. 

Longitudinal phenomena following 
departure from the first node are 
quite simple. Upon traveling from the 
first node to the apogee of the Hohmann 
ellipse, the vehicle is displaced 180° 
eastward in a space-fixed reference. 
The earth, during this time, rotates 
through an angle of roughly 80°, so 
that the longitude of the apogee point 
is 100° east of the longitude of the 
first node. But at apogee, an impulse 
places the vehicle directly into the 24- 
hour orbit, so that the longitude of 
the earth-fixed point in the 24-hour orbit 
will be 100° east of the node of departure 
from the parking orbit. This means that 
the longitude of the final point is given 
as a function of the launching azimuth 
by merely adding 100° east to each 
figure along the ordinate in Fig. 5. 
This places the longitude spread from 
about 190° east to 20° east. Should 
one of these longitudes be desired, the 
function depicted here would tell us 
what launching azimuth was necessary. 

The 170° spread of possible longitudes 
may be virtually doubled if the impulse 
initiating the Hohmann ellipse is applied 
at the second node of the parking orbit 
instead of at the first. The spread will 
then be essentially on the other side of 
the earth but displaced slightly west- 
ward because of the rotation of the 
earth during the travel from the first 
node to the second. The period of 
revolution in the parking orbit is 88 
min. during which time the earth 
rotates 22°. Hence the earth rotates 
11° while the vehicle travels from node 
to node. It follows that for each 
additional node the vehicle is allowed to 
remain in the parking orbit, the lon- 
gitude spread resulting from azimuth 
variation is displaced by 180° — 11°, 
or 169° eastward. Obviously, if a 
sufficient number of nodes are employed, 
any desired longitude can be obtained. 
This phenomenon is seen in Fig. 6. 

In Fig. 6 is shown a family of curves 
giving the longitude of the earth-fixed 
point in the 24-hour orbit as a function 
of the launching azimuth. The number 
on each curve gives the number of the 
node at which the first impulse is 
applied causing departure onto the 
Hohmann ellipse. The graph reveals a 
number of solutions for a given lon- 
gitude. As an example, suppose that it 
is desired to place the earth-fixed 
point on the Greenwich Meridian, 
i.e., O° longitude. Several curves are 
seen to cross this longitude, indicating 
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Fig. 8. Individual and total velocity losses 
due to earth rotation and apogee inclination 
change as a function of the launch azimuth 
(Azo). 


that it is obtainable by employing 
different combinations of launch 
azimuth and node number. For in- 
stance, an azimuth of 175° and de- 
parture from the third node offers one 
solution while an azimuth of 85° and 
departure from the eleventh node offers 
another. Logically, there exist in- 
finitely many such combinations for a 
given longitude since the vehicle may be 
allowed to remain in the parking orbit 
for as many nodes as may be desired. 
This strategy forms the basis for the 
first injection scheme, which we will 
call a direct ascent into the 24-hour 
orbit.* The entire principle of the 
scheme is contained in the correct 
association of launch azimuth and de- 
parture node number. 

However, when confronted with the 
multiplicity of solutions for a specific 
longitude, one naturally attempts to 
arrive at some criterion by which any 
selection may be made, and in so doing, 
one uncovers the undesirable features 
of the direct ascent scheme. 

One feature desirable for an injection 
scheme is economy. It will now be 
shown that for reasons of economy, any 
azimuth differing by more than a few 
degrees from 90° at launch is un- 
desirable. 

Fig. 7 shows the inclination of the 
parking orbit to the equatorial plane as 
a function of the launching azimuth 
employed. It has already been pointed 
out that the inclination varies with 
azimuth.** It should be recalled that 
in the present injection scheme, the 
function of the second impulse ap- 


* The term 
more appropriate as this scheme is viewed 


direct ascent”’ will become 


in comparison to later, more devious 


schemes. 
Mathematical 
found in Appendix 2 


formulation may be 


t Herein lies the inconsequentiality of 
the arbitrary restriction of the launching 
azimuth to easterly quadrants, which was 
pointed out in a previous footnote. 


** See Appendix 1. 
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plication, the one at the apogee of the 
Hohmann ellipse, is twofold. First. it 
rotates the velocity vector into the 
equatorial plane, and _ secondly, it 
adjusts the magnitude of the velocity 
vector to that which is necessary for the 
24-hour orbit The angle through 
which the velocity must be rotated in 
order to bring it into the equatorial] 
plane will be equal to the angle g 
inclination of the parking orbit to the 
equatorial plane. As the inclination 
angle increases, which it does for any 
deviation from a 90° launching azimuth 
the magnitude of the necessary impuls 
to bring about the rotation also in. 
creases. This impulse increase may be 
measured by the increase in the mag. 
nitude of the necessary velocity incre. 
ment. This is shown in Fig. 8 alon 
with two other curves. The lowest 
curve shows the loss of velocity con 
tribution by the earth’s rotation which 
is incurred by the use of launch azimuths 
differing from 90°, and the higher 
curve shows the sum of these two effects 
The upper bound, compared to a 90 
azimuth, represents a loss of 2,00 
m./s., which probably indicates a loss oj 
several thousand pounds of payload 
In order to bring this down to a reason. 
able figure, it is seen that only ven 
small deviations from 90° are permis 
sible. 

This, then, becomes a criterion by 
which the solutions offered in Fig. 
may be selected. In any given instance 
those solutions requiring azimuth ap. 
preciably different from 90° may be 
discarded. 

However, 


there exists a _ second 


tf See Appendix 3 for mathematica 
treatment. 
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feature which is to be desired in the 
injection scheme. This is the de- 
sirability of short times. Obviously, 
small errors in the scheme geography 
may grow into large ones with sufficient 
time. Not only that, there is the 
question of gyro drift and even power 
supply for the gyros. All of these 
phenomena must eventually reflect 
themselves in the propellant expend- 
itures necessary to take out resulting 
errors. 

A second look at Fig. 6 shows that 
this feature can, in most cases, pose a 
problem. For longitudes in the neigh- 
borhood of the intersection of a curve 
of low node-number with the line 
Aw = 90°, there is no problem, but 
for most longitudes this is not the case. 
For example, in order to obtain the 
0° longitude with a nearly 90° azimuth, 
it is necessary to remain in the parking 
orbit until the eleventh node, roughly 
nine hours. No really acceptable 
compromise of azimuth presents it- 
self, for in order to get down to the 
third node, for example, the azimuth 
must be 175°. 

We may now list some of the ob- 
jectionable features of the direct ascent 
scheme. 

(1) The launching azimuth, though 
it may be close to 90°, is not, in general, 
equal to 90°. Besides an economy loss, 
this presents the problem of using a 
different trajectory for every longitude. 
It would be more desirable to find a 
scheme which was very similar and, 
for the most part, identical for the 
different longitudes. 

(2) In most cases, undesirably long 
periods of time must be associated with 
the parking orbit. 

(3) The parameters involved are 
too much a function of the longitude 
of the earth-fixed point. Obviously, 
some longitudes are much more de- 
sirable than others, which should not 
be the case for a general injection 
scheme. 

Keeping these objections in mind, 
we pass on to the second injection 
scheme, called low-altitude looping. 
This scheme will completely eliminate 
the azimuth problem and_ greatly 
improve the time problem. The third 
scheme, called high-altitude looping, 
will then optimize the time problem. 


Low-Altitude Looping 


Low-altitude looping differs only 
slightly from direct ascent. The only 
difference is that the first impulse for 
the Hohmann ellipse is given in two 
parts. Also, the launching azimuth is 
fixed at 90°. 

Consider such an injection. The 
launching azimuth being frozen at 
90° causes the longitude of the first 
node to be frozen at about 4° east. 
Assume that the first impulse is to be 
applied at the first node. The mag- 


Fig. 11. 


Illustration of high-altitude looping. 


nitude of this impulse may vary from 
zero to the total amount necessary to 
yield the Hohmann ellipse. The result 
of this variation will be a family of 
elliptical orbits. All of these ellipses 
will have their perigee at the first node 
but the apogee will vary from the 
radius of the parking orbit in the case 
of the zero impulse to the radius of the 
24-hour orbit, in the case of the total 
impulse, The periods of these ellipses 
will be different, ranging from the 
period of the parking orbit, 88 min., 
to the period of the Hohmann ellipse, 
10.5 hours. Assume that the vehicle 
is allowed to spend an entire revolution 
in the elliptical orbit, or loop. Upon 
returning, the longitude will be de- 
pendent upon the time spent in the loop, 
or ultimately, upon the magnitude of 
the first part of the first impulse. The 
longitude difference between the two 
extremes of the zero impulse and the 
total impulse is about 140°. Hence, a 
continuous spread of longitude for the 
earth-fixed point 140° west is obtainable 
by using low-altitude looping. Another 
140° may be obtained by waiting until 
the second node. In either case, it is 
assumed that following one complete 
revolution in the loop, the remainder 
of the first impulse is imparted and the 
scheme completed as in the direct 
ascent. The low-altitude looping 
scheme is partially illustrated in Fig. 9. 
Fig. 10 shows the longitude of the 
earth-fixed point as a function of the 
period of the loops employed. One 
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curve is for looping from the first 
node, the other for looping from the 
second. By doing so, the total longitude 
covered will be twice 140° or 280°. 
As can be seen by the unshaded portions 
of the ordinate axis, not all longitudes 
are obtained in this way. There are 
three alternatives open for obtaining 
the unshaded portions. 

The first of these is to spend two 
revolutions in the loop. This is a 
feasible approach but objectionable be- 
cause it increases the flight time. For 
low-altitude looping, and not con- 
sidering the unshaded longitudes, the 
most unfavorable longitude requires a 
total flight time of roughly 17 hours. 
If, however, two-loop cases are included 
to account for the unshaded portions, 
this figure increases to more than 20 
hours. 

The second alternative is to initiate 
the loops at a later node. Unfor- 
tunately, this alternative would also 
require longer times. 

The third alternative is to revert to 
the direct ascent scheme for these 
longitudes. This develops as a favorable 
alternative. Note the two circled 
points on the ordinate axis of Fig. 9. 
These points correspond to longitudes 
obtainable by direct ascent using a 
90° launching azimuth and departure 
from the first or second node. These 
points fall inside the unshaded regions. 
That is, the unshaded regions in Fig. 
9 correspond to the two most favorable 
regions of longitude for application of 
the direct ascent scheme. This means, 
however, that some performance loss 
will be encountered because of azimuth 
variation. This may be kept at a 
minimum if one combines the procedures 
of 

(a) direct ascent from first node, 

(b) direct ascent from second node, 

(c) combined looping from first node 
and slight azimuth variation, and 

(d) combined looping from second 
node and slight azimuth variation. 

If, for a given longitude of the 
unshaded portion, one always selects 
the most economical alternative from 
(a)—(d), the performance loss can be 
kept down to around 30 m./s., while 
the total times for these longitudes do 
not exceed 8 hours.* 

Hence we see that the low-altitude 
looping scheme offers only a slight 
improvement over the direct ascent. 
First, in most cases, the azimuth used is 
90°, affording a standardization, but 
for two areas of longitude, the scheme 
becomes radically different. Secondly, 
the times involved in the low-altitude 
looping scheme are still comparable to 
those involved in direct ascent. And 
thirdly, certain longitudes are still 
vastly more desirable than others. 


*See Appendix 4 for mathematical 
treatment. 
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High-Altitude Looping 


We now proceed to the final and 
most sophisticated of the three schemes, 
high-altitude looping. In this scheme, 
the problems of both azimuth and 
time are reconciled, as well as stand- 
ardization of the scheme. Also, all lon- 
gitudes of the earth-fixed point require 
virtually the same performance so that 
no one longitude is particularly un- 
desirable. 

In the preceding schemes, longitude 
synchronization was made before de- 
parture onto the Hohmann ellipse. 
For direct ascent, this was done by 
judicious combination of azimuth var- 
iation and parking orbit stay-time. For 
low-altitude looping, this was done by 
the insertion of a low-altitude ellipse 
between the parking orbit and the 
Hohmann ellipse. 

In the high-altitude looping scheme, 
longitude synchronization occurs after 
the Hohmann ellipse, i.e., in the 
vicinity of the 24-hour orbit. The 
scheme from launch through travel 
of the Hohmann ellipse is idealized in 
that 

(1) A 90° launching azimuth is 
always employed. 

(2) Departure from the parking orbit 
always occurs at either the first or the 
second node, thus keeping orbit time 
at an absolute minimum. 

(3) Numbers (1) and (2) are always 
true, without exception, yielding an 
almost absolute standardization of the 
scheme until the last maneuvers. 

In placing these restrictions, it 
follows that only two longitudes will be 
obtained for the apogee point of the 
Hohmann ellipse, 105° east for de- 
parture from the first node, and 275° 
east (85° west) for departure from the 
second node. 

At the apogee of the Hohmann 
ellipse, a technique entirely analogous 
to low-altitude looping is employed. 
The necessary impulse for obtaining the 
24-hour orbit is only partially given re- 
sulting in an elliptical orbit with its 
apogee at the 24-hour orbit radius and 
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Projection of maneuvers during injection phase onto earth's surface for geo- 


stationary point at 45° west (low-altitude looping). 


its perigee at some lower altitude be- 
tween the altitude of the parking orbit 
and the altitude of the 24-hour orbit. 
This is shown in Fig. 11. At (1) the 
vehicle is approaching the apogee 
of the Hohmann ellipse which is at the 
radius of the 24-hour orbit. At (2), 
an impulse is applied bringing about a 
new elliptical orbit with the same 
apogee point as the Hohmann ellipse, 
but a higher perigee. (3) represents 
the travel around this ellipse, or loops. 
At (4), again at apogee, a second impulse 
is applied which places the vehicle into 
the 24-hour orbit in which it is orbiting 
at (5). The limiting periods of the 
looping ellipse are the period of the 
Hohmann ellipse, 10.5 hours, and the 
period of the 24-hour orbit, one day. 
The maximum longitude shift obtain- 
able during one revolution in the 
loop is that obtained by using the 
Hohmann ellipse itself for the loop. 
This is about 200° eastward. Note 
that the longitude shifts, considered 
relative to the longitude of the apogee 
point of the Hohmann ellipse, are 
eastward, not westward. The period 
of the looping ellipse is necessarily less 
than or equal to one day, and if it is 
slightly less than one day, the vehicle 
will rotate through 360° eastward 
while the earth rotates through some- 
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thing less than 360° eastward. The 
result is a slight eastward displace. 
ment of the vehicle, ranging, as stated 
above, from 0°, if the looping ellipse 
is identically the 24-hour orbit, t 
202° degrees if the looping ellipse 
is identically the Hohmann ellipse 
This is, of course, a linear function of 
the period of the looping ellipse as is 
seen in Fig. 12. As can be seen, all 
longitudes are obtainable in this man. 
ner. 

However, it should also be noted 
from Fig. 12, that the most unfavorable 
longitudes can require virtually an 
entire sidereal day in the high-altitude 
loop. If, for these cases, the time for 
the previous maneuver is added in, the 
total injection time from parking orbit 
on becomes roughly 30 hours, a figure 
much larger than the 17 hour maximum 
associated with the low-altitude loop. 

Strangely enough, this difficulty is t 
be overcome by increasing the total 
injection time for a given longitude 
This seemingly paradoxical statement 
has the following explanation. 

Consider a particular case for which 
high-altitude looping is employed. The 
function of the high-altitude loop is to 
bring about some given longitude shift 
The shift comes about as 4 
product of the differential in the periods 
of the loop and the 24-hour orbit. 
Now if the shift, Ad, were brought 
about by two loops instead of one, 
then the shift in each loop would only 
be Ad\/2. Hence the period differential 
would be only half as much. If 1 
loops are used, and 7 is large, the 
period differential, which must decrease 
by a factor n, will be correspondingly 
small. This means that the looping 
ellipse becomes closer and closer to the 
24-hour orbit itself. In order to bring 
this about, the first of the two apogee 
impulses must approach the total, and 
the second must approach zero. 

The idea is touse a sufficient numberof 
loops to make the second impulse suf- 
ficiently small to be applied by the noz- 
zles on the satellite itself, with separation 
of the satellite from the vehicle occurring 
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stationary point at 45° west (high-altitude looping with separation following looping). 


just after application of the first 
apogee increment. The second impulse 
may be supervised by radio-command 
from ground enabling separation of 
guidance facilities at the time of the 
first apogee impulse. As a result, all 
of the time spent in the high-altitude 
loop is of a noncritical nature, and may 
actually be advantageous, since the 
satellite, which will be very slowly 
approaching its final position, may be 
tracked and existing errors detected. 
As a result, a more intelligent impulse 
may be applied at the right time to at 
least partially correct any errors already 
existing in the system. 

Hence, although the total time is 
increased, the portion of that time 
which is critical to accuracy con- 
siderations consists only of the parking 
orbit and the Hohmann ellipse, a total 
of roughly 6 hours. 

For purposes of this study, it was 
assumed that a restriction of less than 
100 m./s. on the second impulse would 
be sufficient to enable its application 
by the satellite nozzles. Fig. 13 shows, 
as a function of the longitude of the 
earth-fixed point, the minimum possible 
number of loops to be employed, and 
which of the first or second nodes yields 
this minimum. Within each of the 
vertical bands, the period of the looping 
ellipse varies from one sidereal day to 
the period of an ellipse with an apogee 
velocity 100 m./s. smaller than the 
velocity on the 24-hour orbit. The 
maximum involved time would corre- 
spond to the use of seven loops from 
the second node and would be slightly 
more than one week. 

One more phenomenon need be 
mentioned to complete the discussion 
on high-altitude looping. Consider 
the apogee velocity vector of the 
Hohmann ellipse and the desired ve- 
locity vector for the 24-hour orbit in the 
equatorial plane. These vectors make 
an angle of 28°, and it is desired by the 
addition of two other vectors, corre- 
sponding to the two apogee impulses, to 
obtained the 24-hour orbit velocity 
vector. Consider Sketch A. 


Let vap be the apogee velocity of the 
Hohmann ellipse, Av; the first incre- 
ment, v’a,p the apogee velocity on the 
loop, Ave the second increment, and 
Cy the velocity on the 24-hour orbit. 
The length of v’., is fixed by longitude 
requirements. Since its length lies 
somewhere between that of v,, and 
Co, there will exist some value of 7, 
the angle between Cy and v’a,, which 
causes Av, and Av, to lie in a straight 
line, as shown in Sketch B. 

This value of 7 makes the sum of 
Av; and Ave a minimum and hence 
determines on optimum inclination for 
the plane containing the high-altitude 
loop. However, the magnitude of 
v'ap in the present scheme, is kept very 
close to that of Cy so that 7 must 
be very small. It is, in fact, so small, 
that if this phenomenon is neglected 
and the loop is placed in the equatorial 
plane, the performance loss amounts to 
only a few meters per second. There- 
fore, the ellipse is placed in the equa- 
torial plane to facilitate tracking by 
eliminating any north-south oscillation 
in the looping trajectory. 


Conclusion 


As a combination conclusion and 
summary, Figs. 13-16 are presented 
showing the projections upon the 
surface of a rotating earth of the ma- 
neuvers leading up to the injection 
into a 24-hour orbit at 45° west lon- 
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Sketch B. 


gitude. This longitude is selected as 
an example because of its appearance 
midway between the continents of the 
Americas and Europe. 

Fig. 13 illustrates a direct ascent 
scheme, using 15 nodes in order to 
obtain a nearly due-east launch azimuth. 
Fig. 14 illustrates low-altitude looping; 
Fig. 15 illustrates high-altitude looping 
but not using the 100 m./s. restriction 
to enable separation and application 
of the final impulse by the satellite 
nozzles. Therefore the plane of the 
high-altitude loop is made optimum 
and not equatorial. 

Fig. 16 illustrates high-altitude loop- 
ing with separation at the apogee of the 
Hohmann ellipse and requires two 
loops. The looping is seen to be 
equatorial. 


Appendix 1 


Longitude of the First Node as a Function 
of the Launching Azimuth 


We are in a position to calculate the 
longitude of the first node if the altitude 
of the parking orbit is established. 

Economy dictates that the altitude. 
of the parking orbit generally be low, 
and in most cases, the lower the better, 
until the altitude becomes sufficiently 
low to encounter an appreciable at- 
mosphere. The precise value of the 
parking orbit altitude is not highly 
critical since those quantities which are 
affected by altitude vary with the 
radius, and reasonable variations in the 
altitude bring about small relative 
variations in the radius. Hence, the 
value of 200 km. is selected as a rep- 
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Sketch C. Geometry from launch to first node. 


resentative altitude for the parking 
orbit. 


Sketch C shows the projection upon 
the surface of a nonrotating earth of the 
launch phase and parking orbit up to 
the first node, for an arbitrary but 
fixed launching azimuth. This _pro- 
jection is a great circle. If the meridian 
of the longitude of the launch site and 
the equator are constructed, there 
results a right spherical triangle. 

The sides of this triangle are go, 
which is the latitude of the launch site; 
An, which is the longitude difference 
between the first node and the launch 
site; and y, the angular length of the 
circular path from the launch site to 
the first node. The angles of the 
triangle are the right angle, the angle 
of inclination, and a third angle which 
is the supplement of the launching 
azimuth. 


Using only the laws of sines and 
cosines for the spherical triangle, one 
can determine the quantities i, y, 
and Ad as functions of ¢ and Ay. 
The equations are 


cos 7 = sin Az, cos go (1) 
— cos Az (2) 
V cos? Az + tan? gp 
—cos A 
cos AX = : 2 (3) 


V1 — cos? gp sin? A z, 


From the first equation it can be 
seen that for a 90° launching azimuth 
the inclination of the orbit is equal to 
the latitude of the launch site, since 
the term sin Az, is equal to one. Also, 
since ¢p is fixed, the 90° azimuth makes 
cos 7 the largest and hence makes the 
angle 7 the smallest. 


The third equation, which gives 
AX, enables one to calculate the lon- 
gitude of the first node for a non- 
rotating earth. The longitude of the 
launch site is roughly 80° west, or 
280° east. If longitude is measured 
east from Greenwich through 360°, 
and if A; is the longitude of the first 
node, then: 
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Sketch D. 


Mi = 280° + AA = 


( + arc cos 
V1 — cos? pp sin? A z, 


MOD 360 (4) 


for a nonrotating earth. 

All that remains to express the actual 
longitude of the first node is to for- 
mulate the flight time from launch to 
the first node and to subtract out the 
corresponding rotation of the earth. 

Another look (Sketch D) at the 
spherical triangle reveals that the time 
from launch to the first node is composed 
of two parts. 

The cutoff point corresponding to 
the point of injection into the parking 
orbit occurs at some point between 
launch and the first node. From tra- 
jectory data, one is assumed to know 
the time elapsed from launch to cut- 
off, that is, the burning time, designated 
by ts. The rotation of the earth 
during this time is wtg where w is the 
angular velocity of the earth about its 
rotational axis. Denote this angle by 


Qs. Then 
Qs = (5) 


Let Ys represent the range angle of 
the launch phase. This quantity would 
also be known from trajectory data. 
The range or angular distance of the 
coast from cutoff to the first node may 
now be determined. 

Since ¥ = vse + vc and since y is 
given by Eq. (2), it follows that 


— = 
— cosAz 


—wve (6) 
a/c ys? A Zo + tan? do 


The coasting time, tc, from cutoff to 
the first node may now be found by 
taking the appropriate proportional 
part of the period of the parking orbit. 
Let this period be Po. Then t¢ = 
Wo or 


tc = (P200/360) ax cos 


— COS Azo = 
“/ cos? Az + tan? dp 


If the earth’s rotation during the 
time tc is denoted by Qe¢, then 
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Qe = wte (8 


The total rotation of the earth frop 
launch to cutoff is then Q = Qs + Q, 
and the longitude of the first node 
given by A, = 280° + Ad — Q. 

From equations (3), (5), (7), an¢ 
(8), it follows that 


J 


= + arc cos 


( —cos Az, 
V1 — cos? go sin? A z, 


— (wP29/360) E cos 


( i} 
V/ cos? Am + tan? oy "i 


MOD 360 (9 


Appendix 2 


Mathematical Treatment of Direct Ascen 
Scheme 


Assume that Ag is the desired lon 
gitude of the earth-fixed point in the 
24-hour orbit. (All longitudes ar 
assumed to be measured east throug 
360°.) Since the characteristics affect 
ing the period of the Hohmann ellips 
are fixed, and since injection int 
the earth-fixed point is assumed t 
follow immediately the transit of th 
Hohmann ellipse, one may work back 
wards to the longitude necessary fa 
departure onto the Hohmann ellips 
(longitude of the departure node). 

Let ro be the radius of the 24-how 
orbit and let ra be the radius of the 
parking orbit. This means that 1 
and frag are the apogee and perige 
distances, respectively, of the Hohmam 
ellipse. If a designates the semi-majoi 
axis of that ellipse, then 


a = (ra + (10 


The period of an elliptical orbit, P 
is given by 


P = 24 Va3/k? (11 


where k? is the Gaussian constant ant 
equals GM = go ro*. If P, indicate 
the period of the Hohmann ellipse 
then 


V(r + /2k? (12 


Let w be the angular velocity of the 
earth about its rotational axis. Lé 
Q, indicate the angle through which tht 
earth rotates during the transit of the 
Hohmannellipse. Then 


= (weo/2) + (13 


Since, during transit of the Hohmamn 
ellipse the vehicle travels througi 
180°, the eastward shift in the longitud 
of the vehicle from departure from the 
parking orbit to arrival at the earth 
fixed point is given by 
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Ad, = 180° — 
2) + roo)? /2k? (14) 


Hence the longitude necessary at 
the departure node, Aq, is given by 
130° | 


he = E rom)? _ 
(15) 


2 \N 


MOD 360 


From the equation for the period, 
it follows immediately that the period 
of the parking orbit, Poo, is given by 


P29 = 2r V /k? (16) 


The rotation of the earth during 
transit from the mth node to the (7 + 
1) node would be w (Px/2), during 
which time the vehicle travels through 
180°. Therefore, the eastward lon- 
gitude shift of the vehicle in traveling 
between two nodes, », is given by 


vy = 180° — rw /k? 


Assuming departure from the mth 
node, we may compute the necessary 
longitude for the first node. In traveling 
from the first to the mth node, the 
longitudinal displacement of the vehicle 
is (7 — 1) v. Since the longitude of 
the mth node is given by dg, it follows 
that 


A= Tw (a 2) ra + rao0 
2k 


ving 
= 


MOD 360 


(17) 


\; is given in Appendix 1 as a 
function of Az. Hence, all pairs 
(Az, 2) which satisfy the above equation 
constitute a solution to the direct 
ascent scheme. 


Appendix 3 


Economy Considerotions 
Launching Azimuth 


Applied to 


The magnitude of the velocity vector 
at the apogee of the Hohmann ellipse 
is given by 


= [2k?/(r04 + r200)] (Y200/r21) (18) 


The magnitude of the velocity vector 
on the 24-hour orbit is given by 


Cy = V 


Denote the velocity increment im- 
parted by the second impulse by Av. 
Then vap + Ave = Cy. 

The vectorial situation for this 
increment is shown in Sketch E. 

From the law of cosines, 


(19) 


Av, = V + 2vap Cu cos 7 (20) 


For the 90° azimuth, 7 = do (Ap- 
pendix 1), so that the loss incurred by 
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Sketch E, 


use of an azimuth different from 90°, 
denoted by 4y, is given by 


2vap Cog cos 1 
Vap? + 2vap Coy COS Go (21) 
The contribution of the earth’s 
rotation must be approximated, in this 
case, by w 7% cos ¢ sin Az. Hence, 
the loss due to use of azimuths differing 
from 90° is given by 
go (1 — sin Az 
of a spherical eart 
The sum of 
given by 6; + 6 or 


= V vay? + 


2Vap Cr COs go 


y 62: = w % COS 
, where 7 is the radius 


I 
the two losses, 6, is 


— Qvap Cu cost — 
+ Coy? 


w % COS do (1 — sin Az) (22) 


In this equation, vap, Cas, $0, 7o, and 
w are constants, while 7 is given as a 
function of Az, in Appendix 1. This is 
the function shown in Fig. 7. 


Appendix 4 


Mathematical Formulation of Low- 
Altitude Looping 


This formulation will not treat the 
irregular longitudes for which a com- 
bination of azimuth variation and 
looping is necessary. 

Let \,’ represent the longitude of the 
first node obtained by using a 90° 
launch azimuth. This quantity may be 
obtained from the mathematics con- 
tained in Appendix 1. From Appendix 


2, it is known that 
30° | 


MOD 360 (23) 


ro + 


rw 
ha = E + \ 


Let P* be the period of the low- 
altitude loop. In traveling once around 
the loop, the vehicle goes through 360° 
while the earth rotates through P* 
degrees. If 6* is the longitude shift of 
the vehicle (east) in traveling the 
loop, then 


8* = (360° — wP*) 


MOD 360 = —wP* (24) 


Assuming that looping occurs at the 
first node, then 


Ar’ + 5* = dg (25) 


Tw rat ° 
[ \ - 180 | 


MOD 360 (26) 
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All quantities P* where Poo < P* < 
Px» = 1 sidereal day, which satisfy 
this equation constitute solutions to the 
scheme. For making the loop at the 
second node, one need merely insert 
the factor wP2/2 into 
giving 


equation, 


Ai’ + 180° — (w Pooo/2) + 6* = Aq (27 


Assuming that P* is now known, it 
follows from Eq. (11) that 


P* V/a* k? (28 
3 
a* = (P*?/4,%) (29 
The necessary perigee velocity for the 


loop is then given by 


= V k? (2/reo0) — (1/a*) (30 


The necessary first increment then 


becomes 


Av = Wk? (2/ra0) — (1/a*) — 

k? roo (31 
since Vk? roo is the velocity of the 
vehicle in the parking orbit. 

+ + 
Thrust Reversers 


(Continued from page 31) 


Thrust Reverser Uses 


The use to which the thrust reverser 
will be subjected—that is, ground roll 
only, landing approach control, jet 
penetration, or in-flight deceleration— 
will influence control requirements and 
design load factors. 


Percentage of Reverse Thrust Required 


The amount of reverse thrust re- 
quired is determined during preliminary 
design of the aircraft and becomes an 
integral part of the performance cal- 
culations in determining the minimum 
landing runway length certifiable; 40 
to 50 per cent of the static thrust rating 
is an attainable figure and can be shown 
to produce satisfactory braking. When 
establishing the reverser effectiveness 
required, due consideration should be 
given to ingestion, aircraft structural 
temperature limitations, and aerody- 
natnic effects. 


Table 1. Factors in 
Thrust Reverser Selection 


(1) Aircraft and engine 

2) Thrust reverser uses 

(3) Percentage of reverse thrust required 
) Ingestion and aerodynamic effects 

) Fail-safe philosophy 

(6) Envelope 

(7) Effects on forward thrust 

(8) Actuation means 

(9) Combination with sound suppressor 


In 


ye Ne en 
24 st 
th 
eff 
: 

pl 
ai 
icé 
tu 
fai 
is 
V wi 
ret 
in 
re 
Th 
pa 
ve 
po: 
Tt 
ha 
ah 
cre 
set 
por 
cr 
Co 
be 
the 
wh 
late 
to 
] 
rev 
side 
wh 
chi 
diti 


the 


yerser 
d roll 
, 
ion— 
s and 


ired 

st sre- 
linary 
es all 
e cal- 
imum 
e; 
rating 
shown 
When 
veness 
ild be 
ictural 
erody- 


quired 


ects 


ressor 


Ingestion and Aerodynamic Effects 


Ingestion of exhaust gases into the 
engine inlet can occur under certain 
conditions when using a thrust reverser 
on the ground. It has been demon- 
strated that, by proper tailoring of a 
thrust reverser to a particular airplane, 
ingestion—as well as aerodynamic 
effects due to the proximity of reverse 
thrust gases to control surfaces—can 
be reduced to acceptable levels. 


Fail-Safe Philosophy 


There are currently two fail-safe 
philosophies concerning the effects on 
airplane thrust resulting from an ac- 
tuation or linkage failure: 

(1) If in forward thrust, the reverser 
remains in forward thrust, and if in 
reverse thrust, the reverser automat- 
ically moves to a forward thrust posi- 
tion. 

(2) If in forward thrust when the 
failure occurs, the reverser remains 
in forward thrust, but if in reverse thrust 
when the failure occurs, the reverser 
remains in reverse thrust. 

Either philosophy can be designed 
into either the cascade or target-type 
reverser. 


The Envelope 


In designing a thrust reverser for a 
particular aircraft, it is desirable to 
maintain existing aircraft lines. This 
can be done with the target-type re- 
verser since, in the forward thrust 
position, it wraps around the tailpipe 
and becomes a part of the nacelle. 
The cascade-type reverser, on the other 
hand, is usually attached to the engine 
ahead of the exhaust nozzle and in- 
creases the length of the nacelle. In- 
creasing the pod length could easily up- 
set the aerodynamic relationship of 
pod, strut, and wing, causing drag in- 
creases and other undesirable effects. 
Consequently, a cascade reverser should 
be incorporated in the original airplane 
design planning, while a target-type 
reverser could either be designed into 
the original concept of the airplane, 
which is preferable of course, or added 
later with a minimum of modification 
to existing structure. 


Effects on Forward Thrust 


Both types of reversers can be de- 
signed to have no effect on the forward 
thrust of the engine. One important 
comparison of the two types should 
be made, however. The cascade thrust 
reverser mounted forward of the ex- 
haust nozzle requires an opening in each 
side of the tailpipe and cowling through 
which the reversed gases can be dis- 
charged. In the forward thrust con- 
dition, the blocker doors close the 
Openings in the tailpipe, and a seal 
must be provided to prevent leakage 
of exhaust gas and the resultant thrust 


TURBINE EXIT 
NOZZLE EXIT 
CASCADES | 


BLOCKER 


A. Cascade Type Thrust Reverser 


TURBINE EXIT 


B_ Target Type Thrust Reverser 


Fig. 3. 


Current thrust reversers. 


penalty. This seal must exist in a 
1,000°-1,200° temperature environ- 
ment, and its life expectancy may not 
be too great. The target-type thrust 
reverser, on the other hand, does not 
require a cutout in the tailpipe since it 
forms a part of the nacelle independent 
of the tailpipe and the problem of tail- 
pipe sealing is completely eliminated. 

With a target-type thrust reverser, 
deterioration in forward thrust with 
service life would not be experienced. 
Deterioration in forward thrust with 
service life when using a cascade re- 
verser would be a function of the effec- 
tiveness of the tailpipe seal. 


Actuation Means 


Modern aircraft have pneumatic, 
hydraulic, and electrical power available 
for actuating a thrust reverser. Any of 
these means could be used to actuate 
a thrust reverser. Obviously, each 
system has its advantages and dis- 
advantages. However, currently four 
jet transport thrust reversers have been 
designed for commercial aircraft—two 
of the thrust reversers are actuated 
pneumatically, the other two hy- 
draulically. Feasibility studies by the 
writer have indicated that electrical 
actuation is costlier and heavier, com- 
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Cascade Reverser & 
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TARGET DOORS 
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Fig. 4. Sound suppressor-thrust reverser con- 


figurations. 
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pared with the two other means. A 
pneumatic system requires a large cylin- 
der because of the low bleed air pressure 
available at idle power. A hydraulic 
system represents a small installation 
package and provides positive, rapid 
actuation of a thrust reverser. How- 
ever, an improperly isolated hydraulic 
system leak in the hot section of the 
engine could result in fire. This has 
been considered in the applications of 
hydraulic systems and can easily be 
resolved by containing the hydraulic 
system in a fire-resistant compartment. 


Combination With Sound Suppressor 


It is well known that jet aircraft 
operating from commercial airports 
in the vicinity of residential districts 
create an objectionable noise level. 
The airframe designer’s contribution 
to alleviating the problem is the addition 
of a sound suppressor to the hot section 
of each jet engine. The sound sup- 
pressor and thrust reverser, then, are 
both installed in the hot section of the 
engine. It would be advantageous, 
from the weight and aerodynamic 
viewpoints, to combine the sound sup- 
pressor and the thrust reverser in the 
smallest space possible. Fig. 4 shows 
three ways in which this can be accom- 
plished. Fig. 4A is a cascade reverser 
with a sound suppressor in tandem. 
Fig. 4B is a sound suppressor-ejector 
combination with the thrust reverser 
combined in the ejector. Fig. 4C is 
the combination of a sound suppressor 
and a target-type thrust reverser (devel- 
oped by Rohr Aircraft) which unites the 
two into a single compact unit that is 
aerodynamically clean, provides the 
required reverse thrust, and suppresses 
sound as effectively as the state of the 
art permits. Fig. 5 is a view of this 
prototype unit mounted on a test engine. 
The thrust reverser is shown in reverse 


thrust. Fig. 5a is a photograph of 
dual, structure-mounted, target-type 


reversers developed during the past year 
for the Lockheed JetStar airplane. In 
forward thrust, this reverser forms part 
of the aft pod structure and acts in 
conjunction with a standard engine 
exhaust nozzle as an ejector. 


Preliminary Design 


Many sources of thrust reverser 
data exist, including NASA and WADD. 
Private industry has invested a great 
deal of time and money in developing 
specific designs. 

Although it would be desirable to 
use a single thrust reverser design for 
all aircraft employing the same engine, 
the individual aircraft configuration 
generally requires that the thrust re- 
verser be tailored to each particular 
aircraft. The data given in the ref- 
erences are useful for comparison and 
analytical purposes, but are not con- 
sidered adequate for the design of a 
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Fig. 5. Sound suppressor-thrust reverser combination. 


custom-tailored thrust reverser. There- 
fore, it becomes necessary to run either 
model or full-scale tests to establish 
critical design parameters. Some of 
the more important of these for a target- 
type thrust reverser are shown in Fig. 6. 
Aspect ratio, lip angle, and door depth 
are intimately related to the pod design 
philosophy, and, although small varia- 
tions may be optional, considerations 
for boat-tail shape, base drag, pod 
cooling, and engine motion clearance 
dictate the range of variation possible. 
Spacing ratio, sweep angle, and end 
plate configuration are variables with 
which the designer has more freedom. 
This is fortunate since the effects, if 
any, on engine performance, thrust 
reverser dynamic stability, amount of 
reverse thrust, and return gas flow angle 
may be largely controlled by proper 
choice and balance of these respective 
variables. 

The combination of these criteria 
will establish a center of pressure loca- 
tion and magnitude for a given thrust 
reverser door. Center of pressure loca- 
tion and magnitude, in combination 
with linkage kinematics as required 
by the chosen fail-safe philosophy, will 
in turn define the power required by 
the actuator in order to place the doors 
in the reverse thrust position. These 
latter criteria can be established by 
model testing since model data can 
be extrapolated with sufficient accuracy 
to predict full-scale performance. 

Fig. 7 is a photograph of a thrust 
reverser model test stand at Rohr 
Aircraft’s Chula Vista plant. This 
test stand utilizes portable commercial 
air compressors as the air supply. 
The air is fed through a burner from a 
jet engine and heated by combustion 
with kerosene so that the end product 
at the test article is a true representation 
of the temperature and pressure ratio 
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of full-scale engine exhaust gases. The 
thrust reverser model is located within 
the circle shown. Forward and reverse 
thrust are measured with a water-cooled 
Baldwin system. Data 
taken with a target-type thrust reverser 
model on this test stand will be dis- 
cussed later in the paper. 

Model testing can be accomplished 
more accurately with a target-type than 
with a cascade-type thrust reverser, 
the basic reason being that, in order 
to stay within a reasonable limit of 
air supply, the model size must be re- 
stricted to the order of 1/8 to 1/5 scale. 
It becomes very difficult and expensive 
to make a cascade model of a scale this 
small when one considers that the radial 
dimension of a typical full-scale cascade 
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is of the order of 2 '/2 in. and that the 
same dimension on a model would be 
of the order of 3/8 of an inch. It is 
believed that accurate data cannot he 
obtained on such a turning surface 
Therefore, it is recommended that, with 
cascade-type reversers, means other 
than model testing be used to obtain 
design data. 

As previously stated, several of the 
above design parameters can be estab- 
lished by model testing. Fig. 8 isa 
plot of engine weight flow vs. spacing 
ratio and shows the relationship be- 
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tween forward and reverse thrust 
conditions. As the spacing ratio is 
decreased from the ratio 1, the reverse 
thrust response is nearly constant and 
the weight flow is equivalent to that of 
forward thrust. As the thrust reverser 
is moved closer to the exhaust gas exit 
plane, the weight flow will begin to 
drop off at some point, as can be seen 
at the spacing ratio of about 0.85. 
Reduction of weight flow is an indication 
of back pressure on the engine and 
should be avoided. For the thrust 
reverser shown in this figure, therefore, 
a reasonable design spacing ratio would 
be about 0.88 to 0.9. 

In the selection of the proper spacing 
ratio for a target-type thrust reverser, 
two criteria are most important. The 
target door should be placed far enough 
behind the tailpipe exit plane to prevent 
its affecting the engine performance 
during reverse thrust. On the other 
hand, the thrust reverser should be as 
close to the tailpipe exit plane as pos- 
sible, permitting the use of short linkage 
and resulting in a minimum weight de- 
sign. 

Fig. 9 shows the center of pressure 
force, location, and angle as functions 
of percentage of door opening. In 
this case, the angle is taken as the acute 
angle between the center of pressure 
vector and the forward thrust axis. 
The combination of center of pressure 
force, location, and angle, along with 
the geometry of the linkage, can be used 
to arrive at an actuator force diagram 
(Fig. 10). Starting from the forward 
thrust position and moving toward 
the reverse position, the load is constant 
and very low, until at about 70 per cent 
of actuator travel when the doors begin 
to enter the reverse gas stream. The 
load increases rapidly from this point 
until the doors are in the full reverse 
thrust position. The inflection point 
is attributed to the linkage geometry. 
The steep slope of this curve is ad- 
vantageous from the point of view of 
an actuator failure condition. With an 
actuator failure, a high initial load is 
applied to the reverser doors tending 
to drive them to the forward thrust 
position. This gives the doors con- 
siderable momentum, allowing them to 
move rapidly into the desired position. 
Fig. 11 diagrams the movement of the 
doors resulting from such a force; data 
were obtained by full-scale testing of 
the reverser configuration on which the 
load curve of Fig. 10 is based. Time 
in seconds is plotted against actuator 
stroke, and it is evident that during the 
first 1 to 2 sec. the most rapid portion 
of the actuator movement has occurred. 
This is more clearly shown in Fig. 12, 
which is a plot of time (as the abscissa) 
and percentage of thrust (as the or- 
dinate), with forward thrust above the 
horizontal axis and reverse thrust 
below. It becomes apparent that the 
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change-over from reverse to forward 
thrust is very rapid, as can be seen by 
the steep slope. In 1 sec., 75 per cent of 
the forward thrust is recovered, at which 
time reverser doors are nearly out of 
the exhaust gas stream. During an 
emergency condition, this rapid re- 
sponse to almost full forward thrust 
could be very advantageous. 

Fig. 13 is a plot of thrust reverser 
modulation characteristics which is 
valuable for performance prediction 
ef an in-flight thrust reverser. For 
a thrust reverser to be used in braking 
the airplane on the ground, such a plot 
is essential in developing the actuator 
load curve. Two curves are plotted 
on this figure—one for model test data 
and the other for comparable full- 
scale data. The curves are in reasonable 
agreement; however, as can be seen 
at the full reverse thrust position, the 
full-scale data show approximately 
5 per cent more reverse thrust than 
model tests indicated. This was the 
result of improvements incorporated 
into the full-scale design based on model 
test data. 

Variation of the percentage of re- 
verse thrust with nozzle pressure ratio 
(Fig. 14) is of interest from the airplane 
performance viewpoint. The multi- 
plicity of points were obtained from 
a literature survey and from Rohr test 
data, and were plotted in an attempt to 
determine the spread of data for various 
thrust reverser configurations. Data 
for both cascade and target thrust re- 
versers are shown in this figure. It is 
abundantly apparent that a large spread 
in data exists at all pressure ratios, 
with boundaries at approximately 10 
and 60 per cent reverse thrust. It is 
further apparent that an attempt to 
design a thrust reverser for specific 
performance with the use of such data 
is not feasible. Specific data should 
be obtained by model testing in the 
case of target reverser, and probably 
full-scale testing in the case of cascade- 
type reverser. The performance of 
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the target reverser previously discussed 
is shown by the solid curve. 

Depending on the specific data in. 
vestigated, thrust reversers can be 
shown to increase reverse thrust slightly, 
maintain a constant reverse thrust, 
or decrease effectivity, with decreasing 
pressure ratio. The target reverser 
shown is typical and drops slightly in 
reverse thrust with decreasing pressure 
ratio. 


Airplane Compatibility 


Consideration of the compatibility 
of a thrust reverser with an airplane 
involves three major areas of concern— 
(1) aerodynamic effects, (2) the pos. 
sibility of hot exhaust gases overheating 
the adjacent structure, and (3) the pos. 
sibility, as previously stated, of ingesting 
the exhaust gases into an engine inlet. 

On some aircraft, it is possible with 
unfavorable location of wing ‘flaps 
or empennage surfaces to encounter 
buffeting and/or loss of effectivity as 
a result of the proximity of the turbulent 
exhaust gases. If the thrust reverser 
is to be used on the ground only, the 
seriousness of buffeting is primarily 
a function of structural integrity 
Aerodynamic reactions, such as _ loss 
of lift or loss of effectivity, become im- 
portant for the in-flight reverser. Con- 
sidering the two jet transports currently 
operational—one of which uses a cascade 
thrust reverser; the other, a target 
type—it appears that for a wing pod 
installation both reverser types can be 
adequately adjusted to meet the specific 
requirements. Review of wind-tunnel 
test data and knowledge of the opera- 
tional characteristics of thrust reversers 
indicate that aircraft with engines pod 
mounted on the aft fuselage can employ 
either type of reverser with reasonable 
assurance of attaining compatibility 
The Lockheed JetStar aircraft is of 
such a configuration and is being opera- 
tionally tested at the present time with 
a Rohr target-type thrust reverser 
The reversed jet from a target reverser 
can be controlled by sweep angle ad- 
justment, addition of side plates, or 
tailoring of end plates. Exhaust gases 
from a cascade reverser may be re- 
directed by adjusting the cascade dis- 
charge angle or by blocking gas passage 
through critical cascade areas 

Consideration should be given to the 
possibility of overheating the airplane 
and/or pod structure by impingment of 
exhaust gases. With a design incor- 
porating the previously stated adjust- 
ments, a target-type thrust reverser 
can be tailored to prevent discharge oi 
gases except over the end plates—i.e., 
there will be no exhaust spillage in un- 
desired areas. Sufficiently large lip 
angles, large reverser height to tailpipe 
diameter ratio, generous door depth, 
and proper end plate angle can also 
aid in preventing attachment of gases 
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to the pod structure, thereby circum- 
venting overheat in this area. Test 
data in Fig. 15 show that for an exhaust 
gas temperature (EGT) of 1,200°F., 
the reversed stream temperature has 
dropped to the order of 600° within 2 
ft. from the reverser, and drops rapidly 
from this point on. It should be pointed 
out that these data are for a static 
condition. With an airflow opposing 
the reverser discharge, tending to turn 
the gases and direct them rearward 
rapidly, structural overtemperature 
ahead of the reverser should be of little 
consequence. The temperature problem 
downstream should be alleviated by 
exhaust gas mixing with ambient air 
and consequently reducing the tempera- 
ture available to the structure. 

The short-time exposure to reverser 
gases, in combination with boundary- 
layer effects, should further aid in tem- 
perature reduction. 

The problem of reingesting exhaust 
gases or ingesting from one engine to 
another has long been considered by 
engineers interested in thrust reversers. 
However, the seriousness of the problem 
was apparently not fully appreciated 
until reversers were installed on opera- 
tional aircraft and taxi tested. It soon 


became apparent that ingestion could 
be quite serious and could result in 
violent effects on the engine and pod 
structure. A great deal of work on 
ingestion has been accomplished by 
private industry. NASA, at the Ames 
Research Center, has also conducted 
several wind-tunnel tests on the subject. 
Data available to the writer seems fairly 
conclusive that the ingestion problem 
can be resolved for most aircraft landing 
velocities; however, there is a limiting 
velocity during deceleration when it 
becomes necessary either to discontinue 
use of the thrust reverser or to program 
the engine thrust with respect to the 
forward velocity of the aircraft, reducing 
thrust with reduction in aircraft 
velocity. In an attempt to find some 
correlation between the reverse thrust 
cutoff velocity and the point of in- 
gestion, a theoretical analysis and a plot 
of available data have been made. Fig. 
16 shows the results of this study. The 
data points shown are to the best of 
our knowledge representative of the 
current operational limitations of several 
jet aircraft equipped with thrust re- 
versers. The curve plotted is a result 
of the theoretical analysis and seems to 
be indicative of the maximum reverse 


thrust that could be used at the various 
velocities. It is not projected that this 
curve is the absolute answer to a de- 
signer’s problem regarding ingestion. 
It could be indicative, however, of the 
point at which ingestion might be ex- 
pected, dependent upon many factors 
such as the detail design of the thrust 
reverser, the tolerance of the engine for 
temperature and pressure variations, 
etc. 

Two points regarding ingestion are 
outstanding: 

(1) With a wing pod arrangement, 
either the target or the cascade-type 
reverser can be tailored to keep the 
ingestion speed to a reasonable level 
and maintain reversed thrust opera- 
tional efficiency. 

(2) For an aft fuselage pod mounted 
thrust reverser, the problem of cross 
ingestion from one engine to another 
should not exist; only the problem of 
reingestion would remain for considera- 
tion. 

The latter is not considered to be so 
severe a problem as cross ingestion, 
and it is believed that a reverser de- 
signed for such an installation could be 
used to a somewhat lower speed than 
the wing pod mounted design. 


Variational Problems (Continued from page 33) 


fylge, gy | = () 


The technique and conclusion can be extended 


readily to other variational problems. 


However, if the auxiliary equation is also linearized 


in the determination of <, J, Z—i.e., = o is replaced 


by g° = 0—Egs. (14) and (17) should be replaced 


I 


Let us consider the functional /: 


f (19) 
1 


by which is + functional of the argument functions v(t) 
) gt — 2 = 0 and y(t). They are subjected to the accessory con- 
ditions 
+ [((t — x*)gy] + O G(v, h, 3, ¥, h) = 0 (20) 
x* gy g £47 (e) Y, 1, VU, 
= 0(1) and h, 7; h) = 0 (21) 


and Eq. (18) becomes f* — f = O(e). 

It is clear that, in order that the approximate ex- 
treme f differ from the true extreme f* by an order of 
e*, it is necessary to keep the auxiliary equation and 
the function itself intact, while terms of the order « 
in the equation of extreme can be omitted. We want 
to point out that we have in this example treated z 
as independent of x and y in the derivation of the 
approximate equations of extreme while one auxiliary 
condition, Eq. (4), is ‘‘lost.’’ The ‘‘lost’’ equation 
is then reintroduced to solve for %, 7, 3. The same 
phenomenon will appear in the corresponding varia- 
tional problem. 


Variational Problem 


In order to apply the result to the problem of op- 
timum rocket trajectory, we shall discuss in detail 
the approximation in a special variational problem. 


where / is also an unknown function of ¢ and the dot 

denotes the differentiation with respect to ¢. The 

initial conditions at the instant / are prescribed. 

The conditions at the instant f, will be either the 

natural boundary conditions or the prescribed. 
The Euler equations are! 


E,F + E,(AiG) + E,QcH) = 0 (22) 
E,F + E,(MG) + E,QvH) = 0 (23) 
E,(AG) + E,QelZ) = 0 (24) 


where E, is the operator (d/dt)(0/00) — (0/dv)and E,, 
E,, are defined similarly. A,(¢) and A2(t) are the multi- 
pliers. If Gcan be approximated by G which is in- 
dependent of / and h—i.e., if 


G(v, y, h, y, h) = 
G(v, y, 0, + y, h, 0, y, h) (25) 


Eq. (24) becomes 


January 1961 ¢ Aerospace Engineering 


89 


Pases 
ye re 


90 


] = 0 (26) 


If G®, G®, H, v, y, h, and t have been properly con- 
verted to the scales, we can assume that G’, G, 
and H and their derivatives are of the same order. 
Eq. (26) implies that A2/A; is of the order of « or that 
we can define 


Ao = (27 

where A» is the same order of A;. Eqs. (22) to (24 
then become 

E,F + E,(AiG) + ¢«E,(AsH) = 0 (28 

E,F + E,(AiG) + e£,(AH) = 0 (29 

and E,(MG™) + E,(Ae) = 0 (30 


The extreme solutions v*, y*, h*, and the multi- 
pliers A,*, A,* are determined by the Euler Egs. (28 
to (30) and the accessory Eqs. (20) and (21). The 
approximate solutions 3, 7, 4, and A, will be deter- 
mined by the approximate Eqs. of (28) and (29): 


E;F + E;(AiG) = 0 (31 
E;F + = 0 (32 
and by the complete accessory Eqs. (20) and (2 
G(s, 7, h, 2, 7, hk) = 0 (33 
and 7, h, 2, 7, h) = 0 (34 


We formally express the extreme solutions as a small 
perturbation from the approximate solution—i.e., 


y* = (35 
and similarly for the other quantities since the dif- 
ference in their governing equations are of the order 


of «. 
The difference of the stationary values of the func- 


tion is 
foe — F)dt 
1 
- 
f [F* — F + A,(G* — G) ldt 


ef we 


O(e- 


II 


+ A, iG,) Y (F, AiG, dt 


Perform the integration by parts to the second in 
tegral and note the vanishing of the two limits due to 
either the prescribed boundary condition or the free 
boundary condition. We have 


1 
I*—[= cf + E,(AiG)] + 
+ Ex(MG)]}dt + 
= O(e’) 


The first integral vanishes because of Eqs. (31) and 
(32). 


In the present variational problem, approximation 
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solution is obtained when one accessory condition de- 
pends weakly on h(t), Eq. (26), and the functional 
J is independent of h. (The same technique can be 
applied if J or F is weakly dependent on h.) The ap- 
proximate Euler equations for v and y are obtained 
by ignoring the dependence of h on v and vy and the 
accessory condition H = (.* The approximate 
Euler equations together with the complete accessory 
condition G = 0 and also H = 0 are employed to de- 
termine the solution h, 3, and 7. With these solu- 
tions, the stationary value of the functional evalu- 
ated without omitting any term differs from true 
value by an order of e? only. 


Optimum Rocket Trajectory 


The problem of optimum rocket trajectory be- 
longs to the type of variational problem discussed in 
the preceding section, with J as the total gain in 
elevation, v as the velocity, y as the inclination of 
flight path to horizontal, and h as the elevation above 
the initial position. 

The accessory condition G = 0 corresponds to the 
equation of motion, and the nonholonomic condi- 
tions H, = 0 and H, = 0 correspond, respectively, to 
the kinematic relations, h = v sin y and 0 = J (v cos 
y)/r dt. 

The dependence of G on h is due to the gravita- 
tional terms, the centrifugal terms, and the aerody- 
namics forces. h appears in the gravitational and 
centrifugal terms implicitly through 7 which is the 
radial distance from the center of the earth—i.e., 
r = 7, + h, where 7; is the initial radial distance from 
the center of the earth. For a powered rocket flight, 
the thrust and the weight are much larger than the 
aerodynamic forces and the burning time is short; 
therefore, we can assume (1) h/r, < I/n = a <1 
and (2) aerodynamic force/(weight or thrust) = 
<1. 

Assumption (1) is invalid only in an interplanetary 
flight with a very low thrust engine. Assumption (2) 
is invalid for a re-entry flight or a flight of high lift 
configuration. 

For a powered rocket flight both assumptions 
hold, and we can rewrite the accessory equation 
G = Oast 


G(v, y, 8, ¥) + aG(a, 7, ¥, h, h) 
+ eG (v, 9, vy, y, h, h) 
+ eG (v, 0, y, 7, 0) = 0 
where e; ~ (0.001 is the ratio of centrifugal accelera- 
tion due to rotation of the earth to the gravitational 
acceleration. 

According to the conclusion of the preceding sec- 
tion, the Euler equations are ob- 


* The coesiieniie mn remains valid even if all the e-order terms 
are omitted in the Euler equations—i.e., instead of Eqs. (31) 
and (32), we use 


E;F + = 0 
and E;F + E5(AiG] = 0 


+ Here 6 has been replaced by (v cos y)/r. 


| 
( 
| 
| 
= 
i 
$ 


; ke tained by ignoring the dependence of / and 6 on v and taking into account the first-order effect of aerody- 
“ y and the accessory conditions 1; = 0 and H, = 0. namic forces, that of the variation of the radial dis- 
| 7 On the other hand, the conditions H; = 0, H, = 0, tance from the earth’s center and that of the rotation 
me and the exact form of G = 0 are employed in the de- of the earth. . 
hed termination of the solution. This is exactly what 
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WANTED: 


ENGINEERS 
TO MARRY= 


THE MANNED BOMBER = 
TO THE MISSILE AGE 


Major projects now underway -. 
at Boeing 4 Wichita have jaa 
created immediate openings ana 
iby for Design, Test, and Re- _ 
a search Engineers in: inp 
desi 
ELECTRICAL & ELECTRONICS = 
Countermeasures & feas 
Communications ope 
Bombing & Guidance = 
Fire Control Goc 
Microwave & Infrared 
AERODYNAMICS Mo 
Stability & Control grat 
Performance = 
Em; 
STRUCTURES wit! 
Loads & Criteria = 
Dynamics assi 
Stress Analysis 
Weights 
FLIGHT TEST 
Structures 
Aerodynamics 
Electronics 


Oo Get the facts about Boeing 
Wichita and mid-Kansas 
living...then make your 
Oo own evaluation. 


WICHITA 


Please send me complete information about Boeing ¢ Wichita and your new “Opportunities Brochure OAI.’’ 


NAME 


ADDRESS 


CITY STATE 


| have degree(s) in the following: 
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" Personnel Uoportunities 


This section is for the use of individual members of the Institute 
seeking new connections and eligible organizations offering em- 
ployment to specialists in the aerospace industry. Any member 
or eligible organization may have requirements listed without 
charge by writing to the Secretary of the Institute. 


wer 


ly 
e 


S 


Wanted 


Computer Specialists, Systems Engineers, 
Mathematicians, Physicists—M.S. or higher 
required for most positions. Men who can 
analyze aircraft systems for simulation, 
develop analog and digital computer systems 
for simulation of aircraft behavior, generate 
input-output block diagrams and _ logic 
designs, analyze physical systems, make 
statistical and nonlinear systems analyses, 
develop undersea warfare concepts and 
feasibility studies. Many other types of 
openings for top-flight men. Send detailed 
résumé of qualifications to C. G. Jones, 
Manager, Scientific and Technical Personnel, 
Goodyear Aircraft Corp., Akron 15, Ohio. 

Professors—Air Force Institute of Tech- 
nology, Wright-Patterson AFB, Ohio, has a 
vacancy in the Department of Mathematics. 
Most of the work is at advanced under- 
graduate and graduate levels. One quarter 
out of four free of teaching duties for research 
or other academic pursuits, plus vacation. 
Employment will be effected in accordance 
with Civil Service regulations. Rank and 
salary will depend upon qualifications of 
applicant and may be anywhere between 
assistant professor, GS-11, $7,560, and full 


professor, GS-13, $10,635. Applications 
should be made on Standard Form 57, 
available at any Post Office, or by letter to 
Head, Dept. of Mathematics, Institute of 
Technology, Wright-Patterson AFB, Ohio. 

Graduate Assistants—Staff Members— 
University of Kansas, Department of Aero- 
nautical Engineering, Lawrence, Kan., has 
openings for Graduate Assistants and two 
full-time staff members between now and 
September, 1961, to teach courses in aero- 
dynamics (basic, theoretical, compressible 
flow, and hypersonics); mechanics of flight 
(including stability and control, aircraft 
design, and aircraft dynamics); aircraft 
structures; wind tunnel and other aero- 
nautical laboratories. Salary and academic 
rank will depend upon education and experi- 
ence. Write Ammon S. Andes, Chairman, 
giving training, teaching interest, starting 
rank and salary desired. Teaching load will 
be reduced when staff engages in research. 
Plans are complete for new building, money 
is partly appropriated. 

Professor or Associate Professor—To 
teach courses in aerospace and mechanical 
engineering at both undergraduate and 
graduate levels and direct graduate research. 
The new expanding graduate (65 full-time 


graduate students) and research program will 
require that applicants have Ph.D. or 
equivalent. Rank and salary will depend 
on qualifications. Address inquiries and 
send personal data to H. D. Christensen, 
Head, Mechanical Engineering Dept., Uni- 
versity of Arizona, Tucson, Ariz. 

Senior Engineer—With a B.S. Aero., 
Civil, or Mechanical Engineering degree who 
has had 6 years of aircraft and/or missile 
stress analysis experience. It is desirous 
that he have some familiarity with aero- 
thermoelastic stress phenomena. We desire 
that this person have initiative and leader- 
ship qualities. Apply to The Bendix Corp., 
Bendix Mishawaka Div., Mishawaka, Ind. 

Assistant Associate or Professor—Depart- 
ment of Mechanics, Air Force Institute of 
Technology, Wright-Patterson AFB, Ohio. 
Applicant should possess advanced degrees 
and have proved research ability. He will 
be expected to teach graduate courses and 
direct graduate research in the fields of 
thermoelasticity, advanced dynamics, and 
structural mechanics. Employment will be 
effected under Civil Service regulations with 
entrance salary levels ranging from $8,900 to 
$13,700 for 12 months of service. Academic 
rank and salary will depend upon qualifica- 
tions. Address inquiries to D. W. Breuer, 
Dept. of Mechanics, Air Force Institute of 
Technology, Wright-Patterson AFB, Ohio. 

Engineers—Staff positions now open for 
graduate engineers in design, development, 
and applications engineering on programs of 
military, commercial, and industrial jet 
engines; liquid rockets; electrical space 
propulsion; space power generation; VTOL 
systems; controls; engineering and business 
computations; test facilities. Full benefits, 
including tuition refund. Promotion-from 
within and merit review policies assure 
advancement commensurate with profes- 
sional development. Write fully to Mark 


@_ Aerodynamicist 


Performance Engineer 
for evaluation of 
V/STOL systems 


Vi 


@_ Engineer with interest 
in dynamics, vibra- 
tions and aeroelasticity 


Personnel Dept.: 


These positions offer both challenge and 
reward to men interested in analytical and 
experimental research studies on helicopters 
and other V/STOL aircraft. Work will be 
extremely varied and will include prelim- 
inary evaluations of novel configurations, 
as well as long-range research studies on 
the mechanics of flight at low speeds. 


Corporate-sponsored and with strong man- 
agement backing, this program offers both 
personal security and advancement oppor- 
tunities to outstanding men with M.S. 
degrees. Facilities include a complex of 
modern wind tunnels, a variety of rotor and 
propeller test equipment, and the nation’s 
largest industrial computational laboratory. 
Publication of papers is encouraged. 


Since expansion in this program requires 
that we fill these positions immediately, 
please write today to Mr. W. G. Walsh, 


RESEARCH LABORATORIES 


UNITED AIRCRAFT CORPORATION 


400 Main Street, East Hartford 8, Conn. 
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Peters, Dept. 2, Bldg. 100, Flight Propulsion 
Div., General Electric Co., Cincinnati 15, 
Ohio. 

Spacecraft Structural Design Engineer— 
For conceptual and preliminary design and 
structural weight estimation of rocket 
vehicles, re-entry vehicles, and _ aircraft. 
Results of design studies are to be incorpo- 
rated in mission analysis for a variety of oper- 
ations in space. The person selected must 
have a Bachelor’s or higher degree in aero- 
nautical, mechanical, or civil engineering 
and experience in lightweight structures 
work. Experience or familiarity with pres- 
surized shells, bending moments on rocket 
vehicles, interstage structures, thrust struc- 
tures, and propellant sloshing is desired, 
although not required. Salary—$7,500 to 
$10,600, depending upon education and 
experience. Send résumé to Placement 
Officer, NASA—Lewis Research Center, 
Cleveland 35, Ohio. 

Standards and Specifications Supervisor— 
Capable of establishing design manual, test 
specifications, materials handbook; interpret 
military specifications for growing engineering 
group without these important design aids. 
M.E. or associated degree plus extensive ex- 
perience in related work for defense contract 
are desired. Airframe Structures Engineer 
—Engineer with aircraft or missile structural 
analysis background to determine loads, 
stresses, deflections on lightweight structures. 
Advanced degree plus 3 years’ or B.S. and 
6 years’ experience. Supervisor possibilities 
exist. Senior Aerothermodynamicist— Man 
with strong background in engineering 
mechanics or fluid flow to work on problems 
of boundary layer, ultrasonics, or aero- 
thermochemistry. Will be assigned to ad- 
vanced projects group working on systems 
still 5 years from hardware stage. Thermo- 
dynamicist—To conduct analytical studies 
for development of better heat exchangers. 
Will also analyze heat-transfer problems in 
rocket engine nozzle and turbomachines. 
Three to 5 years’ applicable experience with 
emphasis on high-temperature work or 
cryogenics. B.S. or M.S. in mechanical 
engineering. Reliability Engineer—Employ- 
ing advanced analytical techniques, this 
man will provide reliability support for mobile 
ground equipment development. He will 
establish test specifications and procedures, 
conduct failure analysis, and determine 
corrective action. Related experience in 
design, development, and test of missile 
systems; competent in report preparation. 
M.E. degree. Flight Instrumentation Engi- 
neer—To analyze requirements for advanced 
flight instrumentation system, select com- 
ponents, provide test support, and super- 
vise check out. A minimum of 2 years’ 


electrical and electrical-mechanical instru- 
mentation and techniques. E.E. degree. 
Contact R. J. Theibert, Employment 


The number preceding the notice 
represents the Box Number of the 
Institute of the Aerospace Sciences to 


which inquiries should be addressed. 


Manager, TAPCO Group—Thompson Ramo 
Wooldridge, Inc., 23555 Euclid Ave., Cleve- 
and 17, Ohio. 

Thermodynamic and/or Aerodynamic 
Heating Specialist—High-level opening for 
development engineer needed for work on 
advanced aircraft, missile, and space vehicle 
applications. B.S. or M.S. in engineering 
with 7-10 years’ experience in thermody- 


namic heat transfer and/or aerodynamic 
heating. Propulsion experience and rocket 
background desirable. For confidential 


consideration, send résumé to H. L. Gordon, 
Professional Placement Manager, Lockheed 
Aircraft Corp., 834 West Peachtree St., 
N.W., Atlanta 8, Ga. 


Available 


996. Aeroengineering Executive—Heavy 
background in engineering management; 
technical director, chief engineer, and division 
general manager in aircraft manufacture in 
small and medium-size companies. Tech- 
nical area of specialization in aircraft struc- 
tures, and project experience in liquid rocket 
engine controls. Responsibilities have in- 


cluded direction of and participation in 
entire aircraft programs from concept 
through design, manufacture, and _ static 


and flight testing. Have proved background 
of inspiring loyalty and application to prob- 
lems in team members and producing results. 
Age 44, B.S. and Master’s degrees in Aero 
Eng., AF of IAS, FAA Designated Eng. 
Representative, Licensed Professional Engi- 
neer. Position desired as Staff Engineer, 
Project Manager, Chief Engineer, Division 
Manager, etc 

995. Aeronautical Engineer—M.Ae., 
B.Ae. Four years’ experience in R & D of 
gas turbines and other advanced projects 
connected with propulsion. Excellent back- 
ground in aerothermodynamics, boundary- 
layer theory, gas dynamics, and compressible 


flows. Desires responsible position with 
growth potential and possibly with some 
administrative functions in the aerospace 
industry. 

994. Senior Engineer—Ph.D. in Aero- 
dynamics; 23 years’ experience in long- 


range corporate planning, R&D, operations 
analysis, systems integration and manage- 
ment. Familiar with advanced technology, 


requirements of 


work. 


AERONAUTICAL 
PLANNING 
ENGINEER 


TO: Perform functional planning for operational 
modern transport aircraft for 
Port Authority airports. Areas of application 
involve airline operations, aircraft performance 
analyses, and air traffic control. 
be graduate Aeronautical Engineers or Mechanical 
Engineers with an aeronautical option and have 5 
years responsible experience in the above areas of 


SALARY: $10,000 TO START. 
Apply or send resume to: 


THE PORT OF NEW YORK AUTHORITY 


Personnel Department—Room 200 
111 Eighth Avenue (at 15th St.), New York 11, N.Y. 


Applicants must 
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foreign markets and languages. Desire 
challenging position, preferably oversea 
assignment. Résumé upon request. : 

993. Aeronautical Engineer and Tey” 
Pilot—B.S. Aero. E., M.B.A., age 35. Exil 
tensive experience as flight-test enginee, 


production and experimental test pilot, ani 
supervisor of flying. Desires an administra.# 
tive or managerial position that will tak 
full advantage of technical, educational, anj 


administrative background. Résumé q 
request. 
992. Aerodynamicist—Caltech graduate 


with M.S. in aeronautics and B.S. in physig 3 
Six years’ experience in aircraft industry 
covering an unusual range of serodynamiil 
projects, from STOL aircraft through sub. 
sonic transports and supersonic fighters yi 
space vehicles, with a strong backgroun 
in stability and control analysis. Interestejl™ 
in low-speed aerodynamics research an) 
in application of modern developments yi 
design of advanced personal and busines 
type aircraft. Age 28, single. Prefers Rocky 


Mountain or West Coast regions. Will 
send résumé upon request. B 

991. Aero/Mechanical Project 
gineer—Age 37; B.S.Ae.E., postgraduate 


industrial management, 10 years’ diversified 
experience as a design, sales and application) 
and project engineer in electromechanicd) 
and electrohydraulic controls, small turbine; 
fiberglass and sheet metal structures, an 
contracts administration. Also familia 
with gas servo and reaction controls, VTOL 
stabilization and cryogenic cooling device 
Currently employed as an advanced desig 
project engineer by an equipment company 
Desires position as a project engineer wit! 
a growing medium-size company. Will alsi 
consider technical sales of new products 
Prefers northeastern coastal location. Ré 
sumé available on request. 


THE UNIVERSITY | 
OF SYDNEY 


Applications are invited for an As- 
sociate Professorship and Lecture- 
ships/Senior Lectureships (2) and | 
Lectureships (2) in Mechanical | 
Engineering from graduates in | 
Science or Engineering with strong | 
research interests in any of the | 
following: Analytical Methods in | 
Applied Mechanics; Kinematics | 
and Theory of Machines; Thermo: | 
dynamics; Combustion; Fluid | 
Mechanics; Control and Informa- 
tion Theory; Turbines and Rocket | 
Propulsion; Elasticity and other | 
branches of Engineering Science. 
The available facilities include ac- |7 
cess to the High Speed Computer 
SILLIAC. For further information 
write to the Registrar, University of 
Sydney, Sydney, Australia, with |7 
whom applications close on 3lst | 
January, 1961. 
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A word 
about 

our 
Advertisers 


The many companies whose 
advertising appears in this issue 
are interested in you and your 
work. They are anxious to let 
you know what they are doing 
to help you solve research and 


design problems in missile, 


rocket, air, and spacecraft 
projects. 

AEROSPACE ENGINEERING’S 
advertising pages keep you 


posted on new and improved 
materials, components, services, 
and supplies useful to your 


professional work. 


To request more information 
on any product or service ad- 
vertised, may we suggest you 
write to the advertiser directly, 
at no obligation to you. It 
would be greatly appreciated if 
you would mention that you 
saw the ad in AEROSPACE 


ENGINEERING. 


/ 


AEROSPACE 


ENGINEERING 


2 E. 64th St., New York 21, N.Y. 


to Advertisers. 


Aerospace Engineering Catalog....... 56 Jet Propulsion Laboratory, California 


Institute of Technology............ 49 
Barton A. Stebbins, Advertisi 
*AiResearch Mfg. Co., The Garrett Corp. 37 en 


J. Walter Thompson Co. 


Kearfott Div., General Precision, Inc.... 43 


American Machine & Foundry Co., Gaynor & Ducas, Inc. 
Government Products Group........ 47 
Cunningham & Walsh, Inc. " 
Lincoln Laboratory, Massachusetts 
Institute of Technology............ 45 
Bendix Corp., The, Scintilla Div........ Randolph Associates 
MacManus, John & Adams, Inc. 
Lockheed Aircraft Corp., Missile & Space 
Boeing Airplane Co., Wichita Div...... 92 Hal Stebbins. Inc. 
Jones & Hanger, Inc. 
Electronic Communications, Inc......... So ~_ American Aviation, Inc., Columbus 
Batten, Barton, Durstine & Osborn, Inc. 
A Port of New York Authority, The...... 94 
Newmark’s Advertising Agency, Inc. 
General Motors Corp. 
Harrison Radiator Div.............. - Space Technology Laboratories, Inc... . 
Research Laboratories......... inside front cover 


D. P. Brother & Co. Gaynor & Ducas, Inc. 


Government Products Group, American 
Machine & Foundry Co............ 47 
Cunningham & Walsh, Inc. 


United Aircraft Corp., Research 
B. E. Burrell & Associates 


Howell Instruments, Inc... 39 


University of 94 
The Kotula Co. 


Gordon & Gotch (Canada) Limited 


International Aerospace Abstracts..... 63 ene 51 


Gray & Kilgore, Inc. 
*Janitrol Aircraft Div., Midland-Ross 


Odiorne Industrial Advertising, Inc. 


Wyman-Gordon 6 
The Davis Press, Inc. 


%* Specifications and further information on 
the missile, rocket, and aircraft products 
of these companies will be found in 
the 1960 AERO/SPACE ENGINEERING 
CATALOG 


The only publication devoted exclusively to the aerospace 
industry, this CATALOG serves as a valuable buyers’ and 
reference guide to sources and specifications on aircraft 
and missile parts and materials. It is distributed annually 
to Chief Engineers, Designers, Production Heads, and 
Purchasing Departments of all leading manufacturers of 
missiles, rockets, aircraft, and spacecraft, and their related 
components; Government Agencies; Research Organi- 
zations; etc. 


Published Annually by 
INSTITUTE 


OF THE AEROSPACE 


2 East 64th Street 


SCIENCES 
New York 21, N.Y. 
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Announcing... 


First issue 
January 1961 


A monthly service providing fast, comprehensive coverage 
of the world’s aerospace literature 


= monthly issue of Jnterna- mits rapid location of topics of 
tional Aerospace Abstracts brings you 
abstracts of hundreds of the latest 
reports, periodical articles, meeting 
papers, and books—selected on the ba- 
sis of their importance to aerospace format, the abstracts and book sec- 
technology. Coverage is world-wide. tions formerly carried in Aerospace 
Convenient subject arrangement per- Engineering. 


interest, and an author index in 
each issue gives further access. This 


new monthly combines, in improved 


SUPPORTED by the NATIONAL SCIENCE FOUNDATION and the AIR FORCE OFFICE 
OF SCIENTIFIC RESEARCH 


DESIGNED EXPRESSLY FOR THE ENGINEER AND SCIENTIST 
PROMPT x SELECTIVE « INFORMATIVE x TIME-SAVING xx EXPANDED COVERAGE 


Access to original publications is provided through the facilities of The IAS Library 
at National Headquarters in New York. 


A separate index volume is being planned for yearly publication. 


Subscription Information (Domestic and Foreign) 


Basic Rate: $60 per year An Individual [AS Member may sub- 
IAS Corporate Member scribe at the special rate of $20 per year 
Rate: $40 per year 
Individual IAS Member only if he signs an agreement certifying 

Rate: $20 per year that the copies are for his personal use. 


(Subscriptions are written on a calendar year basis.) 
Prices of the Annual Index Volume will be announced later. 
For uninterrupted abstract service, 
SEND IN YOUR SUBSCRIPTION ORDER NOW 


INSTITUTE OF THE AEROSPACE SCIENCES 


2 East 64th Street / New York 21, N.Y. 
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ATTENTION 
ADVERTISERS 


YOUR BEST INVESTMENT 


ENGINEERING 
READERSHIP 


AEROSPACE 
ENGINEERING 


The ONLY magazine serving 
the technical interests of pro- 
fessional engineers and de- 
sign project teams currently 
developing Missiles, Rockets, 


Aircraft, Satellites, and 


Spacecraft. 
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SPECIALISTS IN THE 3 C’s OF ELECTRONICS 


CABLES 


plete versatility of design plus 

a reliability characterize 
endix® Cable Assemblies. Types 
tide encapsulated or braided 
rrently (fissile control cable, thermo- 
duple harness, fuel cell, ground 
idling, high temperature, and 
conductor cable. 


serving 
of pro- 
d de- 


s, and 


CAPACITORS 


Count on Bendix High Tempera- 
ture Capacitors for premium 
performance on missile and 
high-speed aircraft applications. 
Proved operation from —55°C. to 
+400°C. with no voltage derating 
and low capacitance variation. 


For fast service on Cables, Capacitors, and Connectors, contact: 


Scintilla Division 


SIDNEY, NEW YORK 


CONNECTORS 


Can you use the finest electrical 
connectors in the business? Then 
try ours. Wide range of sizes and 
types available, including Pygmy® 
Miniature, Rack and Panel, QWL, 
and MS-R, and connectors for 
special applications. 


nix” 


CORPORATION 


| 
| 
| 
| kh 
| 
| 
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Another 
hot job 
for 
Jamtrol! 
valves 


In the Mach 2 all-weather Republic F 
Thunderchief—an aircraft of striking cap 
—performance depends on a lot of little 
Janitrol pneumatic valves, for instance, bé 
the second generation of Janitrol prod 
the jet and missile age, including high pg 
ance heat exchangers, regulators, and cd 
—descendants of the well known Janitroll 
In these special fields you'll find Janitrol 
unique combination of experienced dé 
hard-headed production people, and 

plant facilities. Write for “Janitrol Res# 
a recent brochure loaded with meaningful 
and relatively low-pressure sales talk. 

Aircraft, 4200 Surface Rd., Columbus 


A division of Midland-Ross Corporat 


pneumatic controls * duct couplings and supports * heat exchangers * combustion equipment for aircraft, missiles, groun# 
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